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SUMMARY

Work is described dealing with two areas which are dominated
by the nonlinear effects of vortex flows. The first area concerns
the stall/spin characteristics of a general aviation wing with
a modified leading edge. The second area concerns the high-
angle~of-attack characteristics of a high-performance military
aircraft. For each area, the governing phenomena are described
as identified with the aid of existing experimental data.

Existing analytical methods are reviewed, and the most promising
method for each area used to perform some preliminary calculations.
Based on these results, the strengths and weaknesses of the
methods are defined, and research programs recommended to improve
the methods as a result of better understanding of the flow

mechanisms involved.

For the general aviation wing, the most promising approach
involves coupling boundary-layer theory with an inviscid
representation of the flow field. The inviscid representation
accounts for attached areas of the wing with a surface-
singularity distribution and the separated wake using a free
vortex sheet. An iterative calculation is required, wherein the
wake shape is relaxed so that the vortex sheet is a stream
surface in the converged three-~dimensional flow field_and a
consistent separation line is predicted. Because only the
unseparated version of the inviscid model is currently
available, many important aspects of the coupling have not yet
been investigated. The recommended research program includes
study of these aspects as well as work to determine the best
available boundary-layer method to be included and the appropriate
separation criterion to be used. Additionally, study is recommended

of the role in a prediction of the discrete vortex which has been



observed in flow visualization experiments in the region of the

- break in the leading edge.

With respect to the fighter aircraft, it is shown that good
results for overall loads result from the use of a vortex-
lattice method incorporating the Polhamus suction analogy
as extended for side-edge and edge-vortex-lift-reduction
effects, and by inclusion of the augmented-vortex-l1ift concept.
The loads on the nose and the effects of the vortical field shed
by the nose are included. Additional work is required to allow
satisfactory calculation of the trajectories of the nose and
separation vortices as they pass over the configuration. The
angle-of-attack range of the method can be extended by inclusion
of the effects of vortex bursting. Existing methods to be
incorporated for the trajectory calculations and for the effects

of bursting are identified.

INTRODUCTION

The NASA Langley Research Center is currently engaged in
stall/spin research programs on both general aviation and military
airplane configurations. These programs seek to advance the
state of the art in high-angle-of-attack, stall/spin technology
for improved safety of flight and for improved airplane
flight performance. The stall/spin characteristics of both types
of aircraft in the high-angle-of-attack flight regime have a
large effect on their operational usage. The primary interest
in this flight regime for general aviation aircraft concerns
safety of flight, and emphasis has been placed on the alleviation
of undesirable stall/spin characteristics. For military aircraft,
improved high-angle-of-attack characteristics have produced
greater maneuverability and tactical effectiveness, and recent

emphasis has been placed on stall/spin prevention by means of



airframe design and control methods. In both cases, it is
important for the designer to have access to prediction methods
which are applicable in the nonlinear aerodynamic flight regimes.
It is desirable that these methods provide rapid and accurate
predictions of the aerodynamic characteristics of specific

aircraft designs under a wide range of flow conditions.

Current efforts in the development of high-angle-of-attack
aerodynamic prediction methods involve the combination of both
experimental and analytical information to produce a rational
model to represent the flow phenomena present. These methods
have application in the high-angle-of-attack range where non-
linear aerodynamc effects may dominate the flight characteristics.
It is important that the chosen flow models correctly represent
the physics of the flow, not only to enhance the accuracy of
the prediction method, but also for increased understanding of
the actual flow characteristics. Recent work on flow modeling
has produced analytical and empirical prediction methods which
have application to the prediction of lateral-directional

aerodynamic characteristics of aircraft at high angles of attack.

Two separate problem areas involving similar flow phenomena
are of interest in the present work. The first area of interest
concerns the stall/spin characteristics of a general aviation
wing with a modified leading edge. An extensive data base
including forces and moments, pressure distributions, and flow
visualizations is available for this configuration. This data
base shows that appropriate modifications can control local
stall progression and minimize loss of damping in roll at the
stall. Significantly improved lateral stability characteristics
at the stall, spin resistance, and developed spin characteristics

result.



Analytical models to predict the separated aerodynamic
charécteristics,of_such a configuration are not available at
this time. As a consequence, it . is impossible to extrapolate the
effect of the droop-leading~edge modification on this wing to
any other wing and predict the modified. stability characteristics. ,
Such an analytic capability would greatly reduce the time and
cost associated with the_development of similar modifications for
other wings. Analysis of the existing data can provide a means
to understand the flow phenomena, develcocp flow models, and

identify the needed theoretical approach.

The second area of interest concerns the high-angle-of-attack
characteristics of high-performance military aircraft. Tests
indicate that some modern fighter aircraft experience serious
stability and control problems during high-angle-of-attack
maneuvers. These tests have shown that directional and lateral
stability characteristics change with geometric modifications
in the configuration. For example, wing position (high, low,
or mid), strakes, single or twin vertical tails, and fuselage
nose cross section can all have an effect on the stability
characteristics either singly or in combination. An extensive
data base on a NASA generalized research fighter configuration
is available for use in understanding the flow phenomena and

directing the selection of a theoretical model.

The prediction capability for the total aircraft in the
high~angle-of-attack regime near stall is not yet available;
however, various methods are available for predicting
characteristics of components of the configurations. These
could be combined into a unified method for the complete
aircraft. Such a preliminary design method will be very useful
in predicting stability characteristics of various configura-
tions for purposes of reducing the total number of
configurations required for wind-tunnel testing.



In this report, investigations are documented which were
designed to enhance physical understanding of and computational
capability for both of these problem areas. In Parts 1 and 2,
respectively, work is discussed on the general aviation wing with
a modified leading edge, and on a generié high-performance
military aircraft. These studies, though separate, emploYed the
same general approach. In each, relevant experimental data were
analyzed to allow identification of the governing phenomena,
existing analytical methods were reviewed to identify the most
promising, some preliminary calculations were carried out to define
the strengths and weaknesses of existing methods, and a course of
action was recommended for developing a comprehensive prediction
method. Each of the two parts of the report is organized to
reflect the specific implementation of this general approach to
the problem at hand.



PART 1. A GENERAL AVIATION WING WITH A MODIFIED LEADING EDGE

APPROACH

The flow phenomena responsible for the improved stall-
departure and spin-resistance characteristics of a general
aviation airplane with an outboard-droop wing modification
Have been the subject of intense scrutiny in recent years.
Model~ and full-scale flight tests, sub- and full-scale wind-
tunnel tests, and extensive flow-visualization studies have
resulted in the following description of the mechanisms

involved (refs. 1-4).

With the basic wing, as angle of attack is gradually
increased, there is a conventional progressibn of trailing-edge
stall which starts at the wing-fuselage junction and progresses
forward and outboard. Above an angle of attack of about 12°,
however, the outboard portion of the wing undergoes apparently
random separation and reattachment which persists until o = 30°,
at which point the wing is essentially fully stalled. The
measured time-average lift curve for the airplane with the
basic wing (tails off) is shown in figure 1 (the points

representing a calculation are discussed later).

If a glove is installed over the forward part of the outer
wing resulting in a discontinuity in the wing leading edge, as

shown in figure 2, the lift-curve behavior changes substantially



for a > 20° (fig. 1). As shown in figure 2, the glove provides

a 3-percent chord extension and a droop which increases the
leading-edge camber and radius (the wing with this modification
will hereafter be referred to as having "outboard droop"). The
lift curve for this modified wing exhibits the "flat top" which
has been correlated with improved spin resistance after stall,
and which results from the flow staying attached to the outer
portions of the wing until very high angles of attack. Detailed
visualization of the flow associated with the outboard-droop
configuration indicates that the effectiveness of this modification
in maintaining attached flow at the wing tips is the result of

a vortex flow generated at the discontinuity in the leading edge.
This vortex flow apparently acts as an aerodynamic fence "to

stop the spanwise progression of the separated flow region toward
the wing tips such that the tips continue to generate 1ift to
high angles of attack" (ref. 1).

Further investigation has shown that this favorable
behavior is quite sensitive to geometrical detail. For
example, elimination of the leading-edge discontinuity (and
presumably the vortex generated there) by addition of a fairing
reintroduces the destabilizing negative slope of the 1ift curve
after stall. Measurements using a wing-tip balance show that
with the fairing, the stall behavior of the outer wing panel
is similar to that of the basic wing, although delayed until a
somewhat higher angle of attack. Additionally, if the position
of the leading-edge discontinuity is varied outside a certain
band, or if the entire wing is modified with the leading-edge
droop, almost all of the spin resistance after stall exhibited
by the outboard-droop configuration is lost. In each of these
cases, this is due to the tip regions no lcnger maintaining

attached flow at high a.



In order to allow prediction of the static longitudinal
aerodynamic characteristics of a particular wing geometry at
high angle of attack, the strong interaction between the viscous
separated region and the inviscid flow must be accounted for.

In this situation, the pressure distribution is not determined
by the inviscid flow as is assumed in the standard aérodynamic
perturbation procedure where boundary-layer theory is used to
account for small viscous effects. Instead, the viscous region
of the flow controls the pressure distribution. But short of
abandoning all hope for an iterative inviscid-viscous scheme and
retreating directly to a full Navier-Stokes solution, in this
work we suppose that a modification of the classical procedure
may be successful and should be examined, for reasons of
computational economy if nothing else. This modified scheme

should proceed as follows:

1. An inviscid (fully attached) calculation is made for

the wing, resulting in an inviscid pressure distribution.

2. A boundary-layer analysis is applied to this pressure
distribution to produce a predicted detachment line and

a distribution of displacement thickness in the attached

region.

3. The inviscid analysis is repeated, this time allowing
for the boundary-layer displacement effects in the
attached regions and the effects of the separated wake
downstream of the detachment line. The existence of
a vortex at any discontinuity in the leading edge must
be predicted, and its effects allowed for in the
inviscid calculation. A new inviscid pressure distribu-

tion results.




4. ©Steps 2 and 3 are repeated until the solution converges:
i.e., until subsequent iterations yield changes in the
location of the detachment line and the calculated
pressure distribution which are less than some accept-
able tolerance. At this point, a consistent representa-
tion of the separated flow has been determined,. and

the loads on the wing may be calculated.

While it is possible to broadly specify in this way the
elements and the interactions likely to be required in a
predictive scheme, it is not possible to specify with complete
confidence a priori what physical effects must be included, and a
comprehensive integrated method suitable for application to this
problem does not currently exist. Furthermore, it is not clear
if adequate methods exist for each step in this scheme, and 1if
so, the best approach for a given step. In constructing an
integrated method, the ever-present need to balance accuracy and
representation of the important physical effects against

computational cost must be considered.

With this as background, the effort which is the subject of
this portion of this report can be discussed. The tasks were to
examine existing data and methods which are relevant to this
problem, to select the method which appears most satisfactory
for application to each step of the scheme outlined above, to
evaluate possible inadequacies in these methods through the
per formance of some preliminary calculations, and to identify a
rational approach to the development of the complete methed. In
the following sections, the existing methods which are
applicable to this problem are reviewed and a preliminary
selection of methods to be pursued is made. Results are
presented of some preliminary calculations made using these
methods (thereby illustrating some of their capabilities and

shortcomings), and necessary improvements and a process which



will result in a complete predictive capability are recommended.
Because of the need to limit the scope of this work, attention
is focused on the inviscid portion of the analysis. While the
viscous analysis required.is important (indeed pivotal) to the
success of the overall scheme, there have been several recent
state~of-the-art review conferences on this subject (described
later) which provide input adequate for the present purposes.
Inferences are drawn from these reviews relevant to the current

application.

REVIEW OF EXISTING INVISCID METHODS FOR WINGS WITH
MASSIVE SEPARATION

A review of existing methods which deal with the related,
but considerably simpler, problem of calculating the loads on a
stalled airfoil is given in Appendix A. Study of these
two-dimensional methods reveals that they fall into two broad
categories, differing primarily in the nature of the treatment
of the separated region. In one of these categories, the flow
is analyzed using the notion that the streamlines leaving the
upper and lower surfaces, when combined with the forward
unseparated portion of the body, define an "egquivalent inviscid
body" (see sketch). External to this "body", the flow is
analyzed using conventional inviscid methods. Within the body,
the separated region is treated either as having constant
pressure at a level determined by some preset criterion, or a more
detailed model is constructed to attempt to describe the
governing phenomena. The latter include reverse flow and the
mixing of the bounding shear layers with the accompanying
recompression to the free-stream value of pressure. In this
approach, the trajectories and points of origin of the
separation streamlines which form part of the boundary of the

eguivalent inviscid body are calculated in an iterative

10



procedure. In the second category, the solid airfoil surfaces
are represented by singularity distributions, and the free shear
layers bounding the separated-wake-flow region are represented
by vortex sheets. Each point of these sheets is convected by
the velocity induced by all the other singularities in the model
in an iterative calculation, and at convergence the pressure
distribution is known over the entire airfoil, including the

separated region.

Equivalent inviscid body

Methods which, conceptually at least, are applicable to the
problem of a finite wing with large regions of separated flow,
unsurprisingly, are extensions of prior analyses of the
two~dimensional stalled-airfoil problem. In this section, four
such methods are discussed, two from each of the categories

discussed above.

The first method (ref. 5) uses the notion of an equivalent
inviscid body. The solid surface is paneled with a source
distribution, and an internal vortex lattice along the mean
chord of the 1lifting surface provides circulation to the flow.
The surface of the eguivalent inviscid body in the separated
region is the dividing stream surface between the external flow
and the flow emanating from the sources on the actual body
surface in the separated region. In reference 5, the source
distribution in this region was adjusted until the pressure
distribution on the unseparated (upstream) portion of the body

matched experimental data. The resulting pressure distribution

11



in the separated region was not physically realistic, and it had
to be replaced with a constant value assumed equal to the
pressure at the separation point, again in approximate accord
‘with existing data. Because it is not known how to specify the
source distribution in the separated region in the absence of
experimental data, and because it was stated in reference 5 that
there was considerable development necessary before the method
could be coupled with a boundary-layer analysis allowing predic-
tion of the separation line, this method is not considered

further here.

In reference 6, an attempt is made to model accurately the
flow inside the separated region, with emphasis on the
"recompression zone" where the pressure relaxes from the
constant value in the forward portion of the separated region to
the free-stream value. Separate zonal models are used for the
free-shear layers, the backflow, and the rear stagnation region
which interact to cause the pressure rise. The separation
streamline which forms a part of the boundary of the egquivalent
inviscid body is used in the recompression model. Its position
is calculated at each iteration step by a mixed-boundary-
condition potential flow procedure, as discussed for the two-
dimensional case in Appendix A. The solution procedure
of reference 6 is as follows: an initial pressure distribution
in the separated region is assumed, the mixed-boundary-condition
potential method is applied resulting in an updated pressure
distribution on the unseparated region and a new location for
the separation streamline, and the separation streamline 1is
input into the separation model, resulting in an updated
pressure distribution in the separated region. This process is
repeated (including application of integral boundary-layer
methods tc model the displacement effects in the attached region
and to predict the separation location) until convergence is '

achieved; four or five iterations are typically reguired.

12



Results calculated using this method for the "controlled
partial span stall" wing (fig. 3) are compared to data in
figures 4 and 5 for an angle of attack of 19° and a Reynolds
number of 1.1 x 106. Poor agreement with the wing span-load
‘'data 1is shown in figure 4. The pressure distributions of figure
5 indicate that agreement with measurements on the suction side
of the wing is generally lacking, particularly in the
leading-edge region. This is so in portions of the wing both
with and without slats. The author of reference 6 notes that in
the leading edge region, the resolution available from the

paneling method may be inadequate.

Presumably, the strong point of this method is its detailed
treatment of the flow in the separated region. When the re-
compression process occurs over the wing, as is sometimes
possible, it would seem to be important to model this phenomenon.
However, it is shown in Appendix A that in a case where this does
occur (a 631—012 airfoil section at 15° angle of attack), the
two-dimensional precursor to the method of reference 6 fails to
reflect this behavior and the recompression is predicted
downstream of the airfoil. Furthermore, the 1lift curve at
high angle of attack for this airfoil is poorly predicted using
this method.

Moving to the free-vortex-sheet category of methods, the
first method we discuss is that of reference 7. Guided by the
observation that, beyond stall, time-periodic flow patterns are
observed, the analysis is unsteady with the wing considered to
be moving in a stationary reference frame. The model shown in
figure 6 (from ref. 7) is based on experimental observations of
cellular type three-dimensional turbulent separation where the
cell shape depends on wing aspect ratio or (in the current appli-
cation) leading-edge treatment. As shown in figure 6, the wing is

represented by a vortex lattice and the separated wake by vortex

13



rings shed at each time step at the separation locations, which
are assumed known in this model. The bound and free vortex
strengths are determined by the imposition of the following
conditions at each time step: (1) there is no flow through the
wing surface; (2) the strength of the vortex ring shed at the
current time step is calculated at the forward separation point

(fig. 6(b)) using the shear velocity relation

ar _ 2 2
at = 1 (Vg - Vy)/2 (1)

where <y is an empirical factor with a value of 0.6 and vV, and V,
are calculated about 0.2-0.4c above the separated wake and at
the separated-panel collocation point, respectively. The vortex
ring shed at each time step is located with its upstream
spanwise leg at the midpoint of the path covered by the leading
edge of the panel on which separation is specified during the
latest time step; this filament is connected to the downstream
spanwise leg which is located at the midpoint of the path
covered by the wing trailing edge (the specified downstream
separation point) during the same time interval. During each
time step, all of the vortex rings previously shed are convected
by the three-dimensional wing-wake induced velocity field. The
large-scale vortex lattice shown in figure 6 is not suited to
calculating the details of wake roll-up, so only the
time~asymptotic average wing loads are obtained. The wing is
started from rest, and the time required until the steady-state
condition is reached is claimed to vary with wing planform and
aspect ratio. Typical run times are less than a minute on a CDC

7600 computer. Loads are calculated from integrated pressures

obtained using the unsteady Bernoulli eguation.
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An example of the results obtained using this technigque is
shown in figure 7 (from ref. 7). The planform analyzed is shown
in the inset of this figure. The droop leading-edge
modification consisted of a glove which increased the wing chord
and camber. Up to three vortex rings were shed at each time
step, using the experimental separation locations shown in
figure 7(b). 1In spite of the use of a rather coarse paneling
distribution (4 chordwise by 13 spanwise panels were used with 3
spanwise panels in the gap), the use of the observed separation
locations gives very good results (see fig. 7(a)). The method
requires extension to include interaction with a boundary-layer
analysis to allow prediction of the separation line. However,
it is doubtful that the pressure distribution generated by the
vortex lattice would be adequate for an accurate prediction of
the separation line, no matter what boundary-layer analysis was

used, so this extension is viewed as a difficult one.

The last method to be discussed also falls in the category
of free-vortex—-sheet methods. This method, implemented in a
computer program known as VSAERO (for Vortex Separation
AEROdynamics), is currently under development (refs. 8 and 2).
It is a low-order surface-paneling procedure wherein the wing
surface is represented by a set of flat guadrilateral panels,
each with a constant doublet and source strength. When the
method is fully implemented, the free-shear layers bounding the
separated region will also be represented by doublet panels, the
strengths of which are asssumed to vary linearly in the
downstream direction. The doublet distribution is the unknown
in this procedure, with the source distribution set in each
iteration by the Neumann boundary condition on the wing external
surface. In the unseparated region, the velocity normal to the
wing surface is zero, or is the transpiration velocity given by
a boundary-layer procedure to account for the displacement

effect. In the separated region, the normal velocity is set

15



equal to zero. A unique solution to the inviscid problem is
generated by imposing the internal Dirichlet boundary condition

of zero perturbation potential inside the wing.

When the inviscid procedure is coupled to a boundary-
layer analysis, a solution is obtained by the convergence of

a double-iteration loop:

l. An initial wake shape is specified and zero normal

velocity is assumed on the wing surface.
2. A solution for the doublet distribution is obtained.

3. The wake is repositioned using as many iterations as
desired so that the streamwise edges of the wake panels
are aligned with the local calculated flow directions:
for each wake position, a new doublet distribution is

calculated.

4. The boundary-layer calculation is made, and updated
estimates are made for the transpiration-velocity
distribution in the unseparated region and the location

of the separation line.

5. A new solution for the doublet distribution is obtained
using the last wake position, i.e., return to step 2

and continue the loop.

As stated previously, this method is being developed and is not
currently available in a form which provides the full capability

just described. In particular, the ability to deal with

"massive separation” is not presently fully implemented. However,

results have been obtained for a wing with a large separated

16



region using a precursor of the VSAERO code (refs. 10 and 11)

which allow for preliminary evaluation of this approach.

As described in these references, the precursor code had
the main features just listed, but the wake-relaxation and
viscous/potential iteration cycles had not been automated. The
separation model used is schematically illustrated in figure 8
(from ref. 10), where it is seen that the shear layers from the
forward and rearward separation lines are assumed to meet and
coalesce into a zero-thickness free wake. This closure of the
separation region is a feature of the precursor code and is not

carried over into VSAERO.

The model was applied to a constant-chord wing of aspect
ratio 6 with a NACA 0012 profile and a sweep angle of 10°. The
separation line was prescribed from experimental measurements,
and the wake was prescribed to leave the wing at a/2 in accord
with earlier experience. The wake remained fixed in this
position throughout the computation. Calculated pressure
distributions from this model and for assumed fully attached
flow are shown at 60% and 90% semispan locations for a = 21.38°
in figures 9(a) and (b), respectively, again taken from
reference 10. Excellent agreement of the separated flow model
with the data is evident in these figures, indicating that the
inviscid portion of VSAERO holds promise for being applicable to
finite wings with large regions of separation. As an aside, it
is pointed out in reference 10 that the data points that appear
anomalous in figure 9 are actually indicative of unsteady
separation. It appears that the bulk of the measurements were
made under separated conditions, but a few pressures were

measured when the flow was attached.
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VSAERO was developed from the two-dimensional method known

as CIMAX (ref. 12). In Appendix A, it is shown that CLMAX

is quite successful in modeling the flow over airfoils at angles
of incidence beyond that for maximum 1ift, angles where an
extensive region of separated flow exerts an important influence
on the load distribution on the airfoil. The example just
presented indicates that the inviscid modeling capability of
CIMAX as extended to the three-~dimensional case may be successful
as well. Furthermore, because VSAERO is a surface-paneling
technique, it holds the promise of being able to predict pressure
distributions with sufficient accuracy to allow coupling with

boundary-layer analysis and thus allow prediction of the

separation line. For these reasons, and because VSAERO is
being provided with a convenient and powerful automated
procedure for geometrical input, it is chosen from among the
methods discussed in this section for further examination
relative to the general-aviation-wing problem. Because the
version of VSAERO currently available does not allow for the
treatment of large separated regions, the extent of this
examination is limited. Nevertheless, some conclusions can
be drawn and these are presented after a few remarks about the
boundary-layer analysis which must be coupled to whichever

inviscid technique is ultimately applied to this problem.

SOME REMARKS ON BOUNDARY-LAYER ANALYSIS

The overall analytical framework proposed for application
to this problem supposes that at each iteration step the
inviscid analysis is done accounting for the separated region
(e.g., in VSAERO by a doublet sheet) and thus the pressure
distribution available for use in the boundary-layer-analysis
step reflects the downstream separation. As stated earlier,

it is postulated that the iterative process will lead
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eventually to a consistent representation in which boundary-
layer separation is predicted along the line from which the
doublet sheet emerges. In this context, what has been loosely
termed "boundary-layer analysis" must be formulated in such

a way that the upstream influence of the separated region is

properly accounted for. This is discussed further below.

On each streamline, the boundary layer on the finite wing
will start as a laminar layer at the stagnation point and
proceed in one of several ways. In the current application, all
of these possibilities ultimately result in a turbulent boundary
layer which proceeds back over the wing surface; it is the
separation of this turbulent layer that is our main interest in
the remainder of this section. The transition from the initial
laminar flow to the turbulent one can occur: (a) smoothly, with
no intervening separation, (b) after laminar separation and
reattachment, resulting in a small laminar "bubble", or (c)
after laminar separation, in the free shear layer, and the
reattachment is turbulent, again resulting in a small separation
bubble on the front portion of the wing. For purposes of the
present discussion, it is assumed that the approximate methods
(see, for example, the review in ref. 6) which exist for the
small regions of laminar and transitional flow are adequate, and

attention is focused on the turbulent boundary layer.

First, the fact must be dealt with that the flow field at
high angle of attack over the finite wing of interest here is
undeniably three-~dimensional. Flow-visualization studies
(e.g., refs. 13-15) have demonstrated the existence of
"mushroom-shaped” stall cells on finite wings at high alpha, a
tentative sketch of which is shown in figure 10 (from ref. 14).
A formal topological analysis has been applied to flows of this
type, and a conjectured pattern of skin-friction lines drawn

(figure 11, from ref. 16). This pattern features a number of
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nodes (N) and saddle points (S) which have been found to follow
certain rules which hold generally in three-dimensional

separated flows. With the addition of outboard droop, the
mushroom-shaped stall cell doesn't extend spanwise over the

entire wing but instead is terminated at its outboard end by a
vortical flow emanating at the leading-edge break (refs. 13

and 15). A sketch of the surface oil-flow patterns on such a wing

attached to a fuselage is shown in figure 12 (from ref. 13).

Given this evidence, the application of three-dimensional
boundary-layer theory is suggested immediately. However, the
prospects for predicting separation in this flow field in this
way do not seem particularly bright. In the so-called
"Trondheim trials" (ref. 17), a meeting devoted to validating
three-dimensional methods by comparison with experiment, a
series of quasi-three-dimensional flows were calculated.

These are flows in which two spatial coordinates are sufficient
to describe the flow locally (an example is the flow over an
infinite swept wing), and most of the test cases involved only
the region well upstream of separation. In an included
separating case, however, all available boundary-layer methods
showed remarkably poor agreement with data (ref. 18). A
central difficulty seems to involve the treatment of the
essential non-isotropy of the eddy viscosity, or its equivalent,
in these methods. In a more recent review, reference 19, the

situation seems no more encouraging.

It is therefore appropriate to see what can be done with
two-dimensional methods in the current application. Although
such a study is beyond the scope of the present work (except for
a brief examination of perhaps the simplest such approach, use
of the Stratford criterion, described later), some comments can
be made and a more detailed study of this matter is recommended

for the next phase of work.
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In a certain class of strictly two-dimensional flows, the
ability to predict separation is reasonably well established.
This ability requires a properly formulated boundary-layer method
and the use of an appropriate separation criterion. Each of

these topics will now be briefly discussed.

It is well known that the usual two-dimensional boundary-
layer equations exhibit singular behavior at the point of
zero skin friction when the pressure is prescribed. This is a
manifestation of the physics of the situation. An arbitrary
specification of the pressure distribution near and downstream
of separation is not compatible with the elliptic nature of the
problem: the pressure distribution in fact adjusts itself to the
separated region. Furthermore, use of the experimentally measured
pressure distribution for a separated flow in a solution of the
boundary-layer egquations often leads to calculated behavior that
erroneously suggests that the flow is attached (refs. 20 and 21).
Fortunately, however, there are several well-known techniques
that allow for the removal of the "separation singularity"
through a proper choice of the dependent variables (e.g.,
refs. 22 and 23). With the proper formulation, the calculation
using one of these methods can successfully proceed downstream

through the separation peoint.

Using one of the techniques from reference 22 or 23 to
predict the location of separation requires some care, however.
Turbulent separation is an inherently unsteady process, and
correlation of detachment locations inferred from surface flow
visualization with the time-average quantities available from a

boundary-layer calculation has been accompanied by some

confusion. This has led to the use of several separation
criteria in the past (e.g., skin friction = 0, or shape factor
more than some limiting value). Recently, an analysis was

published (ref. 24) that eliminates much of this confusion and
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proposes a detachment correlation valid for two-dimensional
flows_as long as the wall curvature or body forces such as are
found in rotating systems are not too strong, and as long as
there is no boundary-layer suction or blowing. The correlation
is in terms of the modified shape factor h = &% - 6/6%; it is
shown that a value of hsep = 0.63 + 0.06 is associated with
"incipient detachment," a condition with from 5% to 20% of
time~averaged backflow at a location where the displacement
thickness begins to increase rapidly. It is also shown in
reference 24 that the incipient-detachment location is the

location indicated by conventional visualization methods.

Thus in many two-dimensional flows, the prediction of
separation using a properly formulated boundary-layer method and
the detachment correlation of reference 24 can be accomplished
with some confidence. Application of these techniques to the
finite wing of interest here will probably require some further
development*. While these technigues could be applied chordwise
on the wing in the spirit of strip theory, less violence is done
to the two-dimensional basis of these methods if they were to be
applied along streamlines of the external flow. Furthermore,
because the fundamental natures of flow detachment in two-
dimensional and three~dimensional flows are different, a
"calibration" of the detachment criterion will probably be
required. The resulting method, although approximate and ad hoc
in some respects, will nevertheless allow some progress to be
made on this problem without resorting to the much larger task
of developing an adequate three-~dimensional boundary-layer

method.

*Note that an integral boundary-layer analysis and a separation
criterion (not that of ref. 24) are included in VSAERO (ref. 8).
Because the focus of the current work on the general aviation
wing is on the inviscid portion of the overall analysis, these
specific techniques have not been evaluated.
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N
PRELIMINARY CALCULATIONS WITH VSAERO

Because the version of VSAERO available for use does not
have the capability to model separated wakes, the calculations
performed were rest;icted to step 1 in the overall procedure
outlined in the Approach section. This is obviously a serious
limitation, but by examining the fully attached solutions at
various angles of attack for the basic wing and comparing them
with the corresponding solutions for the wing with outboard
droop, some understanding of the phenomena involved can be
gained. For example, while the flow visualization studies
previously mentioned have provided considerable information on
whether or not the flow is attached at a particular location on
these wings, comparing details of the pressure distributions
from the calculations with the measurements provides further
insight into this matter. Furthermore, at sections where the
flow is known to be attached, the extent of the disagreement of
the present calculations with the measurements is an indication
of the importance of the phenomena not included in the
calculations: Dboundary-layer displacement effects in attached
regions, the effects of the separated wake, and the effects
revealed in the flow-visualization studies of the vortical flow

emanating from the break in the planform of the drooped wing.

To begin, the geometry of the two wings investigated and
the paneling layouts used for the calculations are described.

The wings modeled are described in detail in reference 1 and are

shown in figure 2. The wing with outboard droop is designated
"Modification B" in reference 1. The basic airfoil section is a
modified 642 - 415; the drooped section provides a 3-percent

chord extension to this section which results in increased
leading-edge camber and radius. The coordinates presented in

reference 1 for the basic and drooped sections were used here.
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The fuselage shown in figure 2 was not modeled; instead, the
wing was extended to the configuration centerline. The basic
wing has an aspect ratio pf 6.10, constant chord, 5 degrees of
dihedral, no twist, and is set at 3.5° incidence with respect to
the reference line for angle of attack used in reference 1 and

in this report.

Each wing was analyzed using 40 chordwise surface panels
(20 top, 20 bottom) and 10 spanwise panels on the semispan. The
spanwise distribution of panels is the same for each wing:
panels are concentrated in the location of the break in planform
of the wing with outboard droop and near the wing tip using
half-cosine and cosine distributions, respectively. The
chordwise distributions of panel control points used for most of
the calculations are shown in figure 13. A modification of the
distribution investigated for the drooped section is discussed
later. In figure 13, the triangles are the control points of
the surface panels generated by VSAERO at the spanwise location
shown, and the circles are the section data from reference 1
(plus some manually interpolated points near the leading edge)
which were input at other spanwise locations to define the wing.
Plots like figure 13 (with their expanded vertical scale) were
used to ensure that the wings' geometries were correctly

described.

In the following, results are shown for the basic wing and
the wing with outboard droop at three angles of attack,
a = 11.2°9, 21.6°, and 31.9°. These angles were selected
because detailed data are available at these conditions in
reference 1, and because they allow illumination of some of the
similarities and differences in the performance of the two
wings. Referring to figure 1, for the first two of these
angles, the overall performance of the two wings is essentially
identical. At a = 31.9°9, however, the lift of the basic wing

24




has deteriorated significantly while that for the drooped wing
remains on the "“flat top" portion of the curve.

Some results from VSAERO for the basic wing are shown in
figures 14-18. 1In figure 14, the calculated 1ift on the outer

wing panel is .compared to measurements from reference 1l; the two

symbols shown represenﬁing the calculation at each o are for
different trailing wake shapes. The symbol for iteration 2 at
each o represents the solution after the wake has been relaxed
once by VSAERO from its input location. It is seen that the
solution for o = 21.6° may not yet be converged in this sense.
Agreement with the data is reasonably good, even at o = 21.6°
(here the pertinent measurements are the "maximum readings"
which presumably represent the fully attached state in a
fluctuating separation condition). The calculation at

@ = 31.99, discussed further below, is not shown on this figure
since the flow is obviously separated at this angle and no
correspondence with the fully attached calculation can be
expected. Referring back to figure 1, the 1ift calculated for
the entire wing is shown at o = 11.2° and 21.6° (only the value
for the last iteration is shown). At 11.2°, the overall 1lift
agrees fairly well with data, as does the 1lift on the outer
panel. At a = 21.6°, the disparity is large, reflecting the
fully stalled inner wing region and the intermittent stall on
the outer panel which, according to figure 14, dominates the

averaged readings.

Comparisons with data at a more detailed level are shown in

figure 15. Here the span-loading distribution is shown for
three angles of attack: o = 11.2° (fig. 15(a)) where the data
of reference 1 indicate that the flow is steady and attached to
the wing except possibly in a small region near the trailing
edge in the inboard sections; a = 21.6° (fig. 15(b)) where the
inboard portion of the wing is stalled and the outboard portion
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is undergoing the random separation and reattachment indicated
in figure 14; and a = 31.9° (fig. 15(c)) where the data indicate
that the wing is fully stalled. Although there is generally
room for improvement, presumably through inclusion of
boundary-layer displacement effects, agreement of the
calculations with data at o = 11.2° is reasonably gocd, except at
Yﬂe/s = 0.38. The chordwise distributions discussed below
indicate that the discrepancy at this section is due to small
errors in the calculated loading over the entire section; the
difference is not apparently due to separated flow at this
spanwise location. At the higher-alpha conditions, where the
time-averaged measurements are heavily weighted towards the
stalled state, correlation with the fully attached calculation

is poor, except perhaps near the wing tip at o = 21.6°.

The most detailed data which exist, and for the present
purposes the most useful, are chordwise pressure distributions
at various spanwise stations. Comparisons of the results from
VSAERO with the data are made at those spanwise locations where
the panel control points (the locations where the calculated
values are known) are within about 2% semispan of the
measurement locations. It was not felt necessary, at this
stage, to refine these comparisons by interpolating on spanwise
location in the calculated results (or the data). Under these
ground rules, comparisons are possible with the data taken at
38, 78 and 92% semispan. These comparisons are shown for the
basic wing in figures 16 (o = 11.2°), 17 (o = 21.6°), and 18
(a = 31.99).

In figure 16 (o = 11.2°9), it is seen that the overall
favorable agreement between calculation and data previously
indicated for the overall lift coefficient and the span load
distribution is also present at the detailed pressure-
distribution level for this attached-flow case. The basic

26



behavior of the measured pressure distributions seems to be
captured by the calculation, and it is supposed that inclusion
of attached-flow boundary-layer effects would further improve
the agreement. At a = 21.6°, it is seen that at yﬂe/s ~ 0.38
(fig. 17(a)) the data have the characteristic constant-pressure
region associated with separation, while the fully attached
calculation, of course, does not. Note that the scale of the
ordinate has been changed in going from figure 16 to figure 17.
The same apparent discrepancy represents a bigger difference in
Cp in figure 17 than in figure 16. The data taken further
outboard (figs. 17(b) and (c)) are in the region undergoing
intermittent separation, as was discussed in relation to

figure 14. Because the measurements were made using a rapid-
scanning system with an approximate 0.4-second stepping time
from port to port, in this region the pressure distributions
may be a mixture of attached and stalled data points, and any
conclusions drawn from the comparison with the predictions
would be of questionable value. At o = 31.9° (figure 18), the
data indicate separated flow at all three spanwise locations;
from figure 14, it is seen that the stall in this region is

steady, not intermittent.

Corresponding detailed results are presented for the wing
with outboard droop in figures 19-22. The predicted integrated
lift for this wing is shown in figure 1, and span load dis-
tributions are shown in figure 19. At o = 11.2° (fig. 19(a)),
good agreement is shown (again except at yﬂe/s ~ 0.38) for
this attached-flow case, similar to the results for the
basic wing. At a = 21.6° (fig. 19(b)), again like the basic

wing, agreement with the data is poor inboard but somewhat

better outboard, indicating that the wing tip has attached flow;

this is confirmed by the chordwise distributions shown below.
At the highest angle of attack, o = 31.9° (fig. 19(c)), the

measured span load is in accord with the observation from the
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flow visualization studies that the flow remains attached on the
outer sections. The lack of agreement with the attached
calculation inboard directly reflects the omission from the
calculation of the viscous effects; the discrepancies outboard
are likely an indirect manifestation of the lack of a separated

wake in the inboard portion.

The chordwise pressure distributions for the wing with out-
board droop are shown in figures 20 (o = ;1.20), 21 (o = 21.6°9),
and 22 (¢ = 31.9°9). Note again that a different scale is used
for the ordinate for the low-angle-of-attack case than for the
other two. Also, remember that the basic section is used in
this wing for y/s < 57%, so the calculated pressure distribution
changes shape dramatically at this location, i.e., between parts
(a) and (b) of each of these figures. At g = 11.2° (fig. 20),
corresponding to the situation for the basic wing, essentially
good agreement with the data is shown. The behavior at o = 21.6°
(fig. 21) is also like that for the basic wing with separated
flow inboard, attached flow outboard. Where the flow is
attached, the differences between the calculated and measured
distributions are reasonably small. At o = 31.9° (fig. 22), the
drooped wing retains attached flow on the outer panel, and in
this region (figs. 22(b) and (c¢)) the present calculations again
exhibit the major features of the measured chordwise
distributions. However, the differences which do exist in these
distributions (which appear somewhat subtle) when integrated
over the chord result in the guite-obvious discrepancies in cp
shown in figure 19(c). For example, at yﬂe/s =~ 0.78 (fig.
22(b)), discounting the absence of the very localized high
suction peak in the data, the measured upper-surface
distribution near xs/c = 0.05 is quite different from the
prediction, and the difference may represent the effects of the
discrete vortex observed by flow visualization. Also, over the

last 45% of the wing there is a considerably larger Acp = Cp£ - CPu
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than is predicted. This latter. observation also pertains to
yze/s= 0.92 (fig. 22(c)). 1In this case, the agreement with
measurements in the forward half of the wing is fairly good. If
the discrepancy between the-predicted and measured integrated
load at this section from figure 19(c) is represented by a
constant ACp over the last 45% of the section, the cross-hatched
band in figure 22(c) results. Comparison of this band with the
measured and predicted ACp in this region shows that the
underprediction of ACp here is sufficient to account for the
discrepancy in integrated load. It remains to be seen, of
course, whether modeling the inboard separated flow and allowing
for local displacement effects can account for these

differences.

It should be mentioned that the calculations for the wing
with outboard droop at a = 31.9° were made with a slightly
modified chordwise paneling distribution than was presented in
figure 13(b). The original distribution resulted in irregular
behavior near the wing leading edge. When the same number of
panels were redistributed in this region, the smoothly varying

calculated results shown in figure 22 were obtained.

A PRELIMINARY ATTEMPT AT PREDICTING SEPARATION

While the focus of the present work was on inviscid
calculation schemes, it was desirable to determine if anything
could be learned from perhaps the simplest procedure currently
used to predict separation, that due to Stratford (ref. 25).
This procedure predicts separation when a quantity involving the
product of the level and streamwise derivative of the potential
pressure coefficient exceeds a certain value; for turbulent
separation, this value depends on the Reynolds number. This

procedure was applied to several of the pressure distributions
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~alculated using VSAERO. It was found that the extremely high
suction peaks calculated near the leading edge of the basic wing
profile {see figs. 16-18) result in Stratford-predicted
turbulent separation essentially at the leading edge even at

o = 11.2°9, in constrast to experimental observations. For the
drooped section, at yze/s = 0.78 the predicted separation is
near 60% chord at a = 11.2° and near 45% chord at a = 21.6°.
These locations are perhaps compatible with the physical
situation, although precise separation lines have not been
defined in the experiment. However, the inability of the
Stratford analysis to deal properly with the predicted pressure
distributions for the basic wing profile seemingly requires use

of a more sophisticated separation analysis.

RECOMMENDED APPROACH TO DEVELOPING A PREDICTION METHOD

The fundamental assumption has been made that the problem of
interest, which features strong coupling between the inviscid
and viscous flow regimes, can be approximately treated using
the iterative scheme presented in the Approach section. For the
reader's convenience, the description of this scheme is

repeated here:

1. An inviscid (fully attached) calculation is made for

the wing, resulting in an inviscid pressure distribution.

2. A boundary-layer analysis is applied to this pressure
distribution to result in a predicted detachment line and
a distribution of displacement thickness in the attached
region. The boundary-layer analysis must be properly

formulated to allow calculation through separation.
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3. The inviscid aﬁalysis is repeated, allowing for boundary-
layer displacement effects in the attached region and
the effects of the separated wake. The effects of a
discrete vortex 6riginating at the break in the leading

edge may have to be accounted for.
4. Steps 2 and 3 are repeateé until convergence.

Based on the work to this point, it appears that VSAERO is
the existing inviscid method most likely to be successfully
applied to this problem. In the following, the reasons for this
choice are briefly reviewed, drawing on the study of the
literature and the calculations which have been made. Then the
steps of an investigation are outlined which will lead to the

desired method.

While the existing version of VSAERO does not possess all
of the features necessary for application to this problem, the
literature review suggests it is the best available method. It
has three important attributes: (a) it is a surface-
singularity method and thus has the potential of generating
surface pressures with the accuracy necessary to predict the
location of separation; (b) the ability to represent the
separated wake with a singularity distribution is being incor-
porated into the program in a current government-sponsored
study:; and (c) its solution procedure allows for iteration with
a boundary-layer analysis. An integral boundary-layer analysis
is included in the version of VSAERO available to NEAR, Inc. for
this study, but its suitability for application to this problem
has not been evaluated. This topic is discussed further below.
A feature that VSAERO does not possess, and which may emerge as

important, is the ability to include the effects of a

31



concentrated vortex springing from the break in the leading edge
of the wing with outboard droop. This is also discussed further
below.

In a calculation in the literature, using a specified
separation line, a frozen separated wake and no boundary-layer
displacement effects in the attached region, good agreement was
shown with pressure distributions measured at high angle of
attack on a simple swept rectangular wing. The present calcula-
tions for the basic wing and the wing with outboard droop, done
without the effects of a separated wake or boundary-layer
displacement effects, show good agreement with data for wholly
attached flow. At higher angles of attack, the discrepancies
between the calculations and the data illuminate the importance
of the unmodeled phenomena to the pressure distribution on the
entire wing. In the inboard region, which is fully separated,
the effects are, of course, major; in the outboard region, the
effects of the separated wake are somewhat more subtle, but
crucial to the accurate prediction of separation. Near the
planform break in the wing with outboard droop, the effects

of a discrete vortex may also be important.

The following suggested program of work addresses the
outstanding technical questions in a sequential manner, building

in capability as it is shown to be needed:

1. Available integral turbulent boundary-layer methods
should be studied and the best one selected for
application to this problem. The need to include the
ability to treat small regions of laminar separation
and transition should be examined and existing
approximate methods coupled with the turbulent method,
if appropriate. The first applications of the method
selected should be along stream-lines in the wholly
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actached calculations made for the basic wing and the
wing with outboard droop. That is, step 2 in the
scheme above should be implemented. The detachment
criterion of reference 24 should be applied in
conjunction with this analysis. The result of this.is
the first estimation of the location of the separation

line.

When VSAERO has the massive-separation option
available, it should be applied using the separation
line predicted as just described, and the remainder of
the iterative procedure pursued to convergence. It may
be found during this process that the detachment
criterion recommended for use requires adjustment to
allow the converged solution for the separation line to

agree with data.

At this point, all but one of the physical phenomena
currently thought to be important will have been at
least approximately modeled. The missing element is a
discrete vortex at the planform break in the wing with
outboard droop. If the pressure distributions and
separation behavior in this vicinity are still inade-

quately treated, this phenomena should be included.

The resulting optimal method should be applied to some
of the other drooped-wing geometries described in
reference 1. These geometries include variations in
the location of the inboard end of the outboard droop,
a wing where the droop exists over the entire span,
segmented-droop configurations, and an outboard- droop
configuration with a fillet at the break in the leading

edge. These perturbations are known to exert a strong

33



effect on the performance of the wing, and will allow
stringent testing and further development of the

prediction method.

Successful pursuit of this research program should result
in the best method attainable within the underlying assumptions
that the iterative approach and the use of two-dimensional
boundary-layer methods are adequate. Improvement of predictive
capability beyond this point will likely be expensive and will
probably require that these fundamental assumptions be relaxed.
That is, further improvement may require that adequate three-
dimensional boundary-layer methods be developed and used, or
that, ultimately, the problem be treated as an entity with an
application of the Navier-Stokes equations. The incremental

benefits derived from either of these developments will come at

high cost.
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PART 2. THE GENERALIZED RESEARCH FIGHTER

APPROACH

One of the distinguishing features of modern high-
performance supersonic fighter aircraft is a high degree of
maneuverability at subsonic speeds. In this mode, the
longitudinal and lateral aerodynamics of the aircraft are
dominated by the nonlinear effects of vortical flows, and there
has been a large amount of work in recent years devoted to the
understanding of these flows. In perfectly logical fashion,
most of this work has dealt with only a portion of the entire
configuration, e.g., treating the high-angle-of-attack
aerodynamics of an isolated wing or of an aircraft forebody. 1In
this portion of the report, results are described of work
which aims at building on this foundation in order to establish
the ability to predict the longitudinal and lateral performance

of the complete configuration.

The configurations of interest are confined to those which
consist of a nose (or forebody), a highly swept low-aspect-ratio
wing with strakes or leading-edge extensions (all with sharp
edges), and a tail assembly. As the angle of attack of such a
configuration is increased, it is well known that the flow on
the nose eventually separates and rolls up into one or more
pairs of symmetric discrete vortices which then proceed aft over
the remainder of the configuration. Additionally, a pair of

vortices appears over the strakes, fed by the shear layers that
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leave the strake leading edges, and possibly (depending on the
geometrical details) still another set over the wings, fed by
the wing leading and side edges. The nose vortices interact
with the strakes and wing, the various vortical systems interact
with one another, and the combination interacts with the tail to
produce behavior considerably different than that predicted by
traditional linear analysis. As angle of attack is increased
still further, it is known that the nose vortices spontaneously
develop asymmetry, producing side forces and yawing moments even
though the configuration is at zero sideslip, and the various
vortical systems may break down (or "burst"), usually as a
result of the influence of the adverse pressure gradients

encountered as they pass over the wing.

Just as is the case for the general aviation wing described
in the first half of this report, prediction of this behavior
requires satisfactory treatment of the separated flows involved.
However, for the strake and wing there is a feature of the
present problem which provides for a powerful simplification of
the necessary analytical treatment: the location of separation
is known to be at the sharp leading or side edge, so no
interaction with a viscous analysis to predict the location of
the separation line is necessary.* The focus can therefore be on
inviscid modeling, wherein the effects of the separated flows

are represented via singularities in the usual variety of ways.

The foregoing brief description of the governing phenomena omits
mention of the secondary separation vortices which form on the
wing (see, for example, ref. 26). The location of the secondary
separation is not known a priori; detailed calculation of

these vortices would therefore reguire interaction with a
boundary-layer analysis. However, these vortices are relatively
weak, and it will be shown that satisfactory predictions can be
made without considering them.
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In the next section, the prediction methods are briefly
reviewed which exist for the portion of the configuration which
dominates its overall behavior, the wing. No attempt is made to
duplicate the recent comprehensive reviews of references 26-28,
but rather the important points made in those surveys are noted
and a few methods introduced after their publication are
included. Based on this information, an approach is selected
for incorporation into the overall analysis of the entire
configuration, and the complete analytical scheme is described.
At the present time, this scheme is applicable to low subsonic
Mach numbers and to angles of attack below those at which the
effects of vortex bursting are important. The relaxation of the
latter restriction is discussed later. Furthermore, the only
vortex asymmetries considered are those due to sideslip; that
is, the formation of an asymmetrical nose field at very high
angle of attack (but B = 0) is not considered.

The extensive data base which exists for a generic fighter
configuration called the Generalized Research Fighter (GRF) is
then reviewed. This data base (together with selected results
for simple wing planforms) allows the evaluation of the accuracy
of some preliminary calculations made with the integrated
analytical scheme, as well as an evaluation of the sensitivity
of the predictions to some of the assumptions incorporated in
this scheme. These results are presented next. Finally,
recommendations are presented for the improvements needed in
this scheme, and an approach is identified which will ultimately
yield a method capable of accurately and economically predicting
the longitudinal and lateral aerodynamics of a complete

configuration.
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REVIEW OF EXISTING METHODS FOR HIGHLY SWEPT WINGS

In references 26-28, comprehensive reviews are presented
of prediction methods which deal with this topic, and a large
number of methods are discussed involving varying levels of
complexity and computational cost. Varying levels of accuracy
are, of course, achieved by the different implementations of
the different types of methods, but at each level of detail
there is generally some success achieved. It is shown, therefore,
that the selection of a computational method for a particular
application should depend on the degree of detail desired to
be accurately represented by the model (i.e., pressure
distributions vs. overall forces), and that an increasing

level of detail carries with it increased cost.

In the following, no attempt is made to reproduce these
surveys, nor are all the individual implementations of the
methods cited therein listed. Rather, the major categories of
methods are given together with a brief description of the
essential features common to the methods in that category:

1. Methods based on slender-body theory (including conical-
flow methods). The fundamental feature here is the
simplification of the governing equations accomplished
by neglecting any dependence on the longitudinal flow.
This simplification is also responsible for the
fundamental weakness of this category of methods:
because no signals are allowed to propagate upstream,
loadings do not fall off correctly as the trailing
edge is approached, and overall forces and moments are
incorrectly predicted. However, far from this region,
reasonable agreement with measured pressure distributions

have been obtained.
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Methods based on the suction analogy of Polhamus

(ref. 29). In its simplest form, for a delta wing,

the method proceeds as follows. A potential solution is
calculated for the attached flow on the wing. The
resulting in-plane force (which manifests itself as a
suction force normal to the leading edge) is assumed equal
in magnitude to the vortex lift which occurs near the
leading edge. This model has been extended in a number
of ways, as is discussed further below, and is remarkably
successful in estimating overall forces and moments at
small computer cost. However, it does not provide

details of the surface pressure distribution.

Methods wherein the vorticity leaving the leading edge

is modeled using discrete vortex filaments. This approach
is a natural extension of the vortex-lattice method to
the case of leading-edge separation. A set of line
vortices emanates from the leading edge; each of these
vortices is forced, in an iterative solution procedure,
to follow a streamline of the converged three-dimensional
flow over the wing. It is observed that this technique
yields fairly accurate results for overall loads, but
that pressure distributions are not well predicted

unless very large numbers of vortex elements are used.
Furthermore, the strong algebraic singularity associated
with the Biot-Savart law leads to convergence

difficulties in some cases.

Methods wherein the vorticity leaving the leading edge
is modeled using a free vortex sheet. This is the most
elegant (and the most costly) category of methods
reported on; Jjust as the previous category is a logical
extension of the vortex-lattice method, this category

is a logical extension of a surface-paneling method.
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In this representation, the free sheet is represented

by doublet panels whose strength and positions are
determined by iteration using the criterion that the
sheet be locally force free. There have been a number
of implementations of this approach, using both high-
order (e.g. refs. 30 and 31) and low-order (e.g., ref. 8)
singularity distributions, and good success has been
achieved in predicting pressure distributions as well

as overall loads.

Based on this description, methods in categories 1 and 3
can be immediately eliminated from further consideration for
incorporation into a preliminary-design method suitable for
analyzing a complete configuation. The methods of category 1
are too simplified; even overall loads are not predicted
accurately. As for the methods of category 3, they offer no
more accuracy than those of category 2 unless the number of
vortex elements becomes large, and in this case, the computing
cost increases dramatically. Under these conditions, the

methods of category 4 should be considered.

The real choice, then, is between methods based on the
Polhamus analogy (which predict overall loads but not pressure
distributions and are economical to use), and free-vortex-sheet
methods (which if used with sufficient care can also predict
pressure distributions accurately but are complex and more
expensive to use). Because a method is sought which is useful
during preliminary design (at which stage detailed pressure
distributions are not usually required), and because unnecessary
complexity is to be avoided as the method is applied to a
complete configuration, a procedure based on the Polhamus
analogy seems the obvious choice. More detail about the

structure of this category of methods is presented next.
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As described in reference 27, the basis of the approach is
as follows. Wings which have attached flows develop suction
forces along their leading edges if the stagnation surface does
not lie along that edge. This suction force can be calculated
by either integrating the pres;ure near the leading edge over
the edge thickness or taking the product of the square of the
induced tangential velocity and the distance to the edge. For a
wing of infinitesimal thickness the induced tangential velocity
approaches an infinite value; however, the product of its square

and the distance to the edge is still finite.

If the flow separates from the wing in going around the
leading edge due to its sharpness or thinness, or due to a
combination of thickness and angle of attack, the suction force
in the chord plane is lost. However, if this separated flow
forms into a shed vortex which causes the flow to reattach to
the leeward surface of the wing, then the fluid energy re-
distributes on the wing upper surface near the leading edge
resulting in the development of vortex lift. The suction
analogy states that for the separated flow situations, the
potential-flow leading-edge suction force becomes reoriented
from acting in the chord plane to acting normal to the chord
plane (a rotation of 90°) by the local vortex action resulting
in an additional normal force. The reasoning is that the
force required to maintain the reattached flow in a situation
associated with the separation-induced vortex flow is the
same as that which had been required to maintain the potential
flow around the leading edge. Therefore, the suction-analogy
concept provides a link between attached-flow solutions and

the effects of this particular type of separated flow.
According to the analogy, the reattachment line or details

of the pressure field need not be known in advance in order to

determine the reattached-flow force. However, if pitching-
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moment estimatés are needed, the distribution of the reattached
force must be determined. The centroid of the leading-edge
suction has been used as the longitudinal location of this
force. This assumption dbes not have provision for angle-
of-attack effects on the location of the reattachment line

or vortex core; hence the core is assumed to remain stationary

near the wing leading edge.

Extension of the suction analogy to the calculation of
vortex 1lift at side edges has been done in reference 32 and
several implementations using vortex-lattice methods exist (see,
for example, ref. 33). 1In applications of the method including
side-edge vortex lift, need for a further modification has
emerged. This modification is termed augmented vortex 1lift
(ref. 34), and it arises from the well-established fact that for
many delta wings, the leading-edge vortex generated on the wing
persists for a considerable distance downstream and therefore
can act on other surfaces, such as the aft part of more
generalized planforms. This persistence is not accounted for in
the suction analogy because the analogy deals only with the edge
forces generated along a particular edge, such as leading-edge
vortex lift resulting from the leading~-edge suction force. The
fully extended method, therefore, calculates the total 1lift (Cp)
on a configuration such as a cropped delta wing according to the

relation

Cc, =C + C + C + C (2)

where Cy,_ is the potential contribution, Clyge and Cr . are the
Polhamus leading- and side-edge contributions, and CLva is the
augmented-vortex-1ift term. Procedures for calculating cha
have been developed which depend on the planform, and in some

cases, on the angle of attack. This has been done for simple
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planforms in reference 34, for double-delta wings in reference
35, and for strake-wing configurations in reference 36. It has
been determined that CLya Mmay be negative for particular
planforms, such as arrow wings, because the full value of the
available vortex lift cannot be achieved due to "lack of
complete flow reattachment due to trailing edge notching” (ref.
37).

In an implementation of the Polhamus approach which does
not include the augmented-l1lift term (ref. 33), the need to
modulate the amount of the leading-edge suction force converted

to vortex 1lift for delta wings of varying aspect ratio was

demonstrated. In this implementation,
c, =C, +k*c (3)
L Lp v vae

where Kz is a parameter (O < K; < 1) depending on aspect ratio

(or equivalently, leading-edge sweep angle). A correlation

for K; was developed in that reference which made use of all known
available experimental data. As shall be shown later, in

applying the Polhamus analogy to complex planforms, it has

been found necessary to use a combination of the ideas

embodied in equations (2) and (3), that is, to modulate

downward the amount of leading-edge suction converted to

vortex lift while still allowing for augmented vortex lift.

A PREDICTION METHOD FOR THE COMPLETE CONFIGURATION

In this section, a summary of the approach used to calculate
the forces and moments on a complete configuration is given.
The major features of the method are schematically illustrated

in figure 23. Further detail is contained in Appendix B.
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The loads on the nose (defined as ending at the intersection
of the strake leading edge and the body) and the vortex field
shed by the nose are calculated using program VTXCLD (ref. 38).
This program is applicablé to circular and noncircular bodies
at angles of attack and roll, and is valid up into the
asymmetric shedding regime. Noncircular cross sections are
handled by means of analytical or numerical conformal trans-
formation to circular cross sections. The actual three-
dimensional steady-flow problem is reduced to a two-dimensional
unsteady, separated flow problem for solution. The two-
dimensional solution is carried out in the crossflow plane
where the flow about a body in the presence of discrete
vortices is obtained. At each time step, corresponding to
an interval of length on the body, the body cross section is
changing, and a new vortex pair is shed into the flow field
from the separation points. The discrete vortices forming
the wake are allowed to move in the flow field under the
influences of the free-stream flow, the body, and the other

vortices.

The calculation procedure for the nose is carried out in
the following manner. Starting at a crossflow plane near the
beginning of the nose, the potential pressure distribution on
the body is computed using the full Bernoulli equation,
including unsteady terms. The boundary layer in the crossflow
plane is examined for separation using modified versions of
Stratford's laminar or turbulent separation criteria. At the
predicted separation points, vortices are shed into the flow
field. The strength of these vortices is determined from the
vorticity transport in the boundary layer. The paths taken by
these free vortices are calculated by integration of the
- equations of motion of each vortex in a stepwise fashion using a
variable-step-size differential equation solver. In the next

downstream crossflow plane, the free vortices are allowed to
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influence the body pressure distribution and the motion of other
vortices in the field. Thus the shed wake has an influence on
the predicted separation points in subsequent crossflow planes
and it also influences thé local force on the body. This
procedure is carried out over the entire length of the nose, and
the final vortex field and the integrated loads are written out

to a file for later use in program ASYMVL, described next.

In ASYMVL, the remainder of the body with its lifting
surfaces is broken into a series of regions, in each of which
the calculation is carried out allowing for full mutual
interference among the lifting surfaces in that region and the
resultant image systems in the fuselage (assumed circular).

Each quadrilateral lifting surface (henceforth called a fin) is
represented by a chordal-plane vortex lattice. The tail region
may include a single vertical tail and/or two horizontal tails.
The soclution in each region is done by calculating the strengths
of the lattice singularities so that at each control point in
the lattice, the resultant velocity normal to the actual mean
surface (i.e., allowing for camber) is zero. Although the slope
of the mean surface is thus accounted for, this tangency
conditicon is applied in the plane of the lattice. Nonlinear
vortex-1lift effects are included through an application of the
Polhamus suction analogy, described earlier. In the current
version of ASYMVL, the approach associated with equation (3) is
used. That is, there is currently no allowance for an
augmented-vortex-1ift term; in our application, however, the
generalization of equation (3) to allow for vortex 1lift at a

planform side edge is used:

C. =C + K C + K C (4)
vie se vse
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* *
Values of sze and Kvse are specified by the user. This topic
will be discussed further in the section describing applications
of this method.

The solution in each region of ASYMVL allows for the existence
of external vortices as calculated by VTXCLD; furthermore, in
aft regions, vorticity shed by lifting surfaces in forward
regions is included in the calculation. That is, in any region,
vortices generated in a forward region (called "impressed"
vortices) affect the loads through being included in the
lifting-surface boundary condition. Vortices generated within

the region affect the loads only through the Polhamus analogy.

The trajectories of the vortices from VTXCLD through each
region are assumed parallel to the fuselage center line
(constant y and z, fig. 23). This is known to be a major
over-simplification. Improvement in this area can be achieved
by applying the methods of reference 33 to the tracking of these
vortices in and between the lifting-surface regions, as

discussed later.

The loads on each lifting surface are calculated from
application of the Kutta-Joukowski law to each element of the
vortex lattice. Spanwise distributions of the potential and
leading-edge suction loads are calculated and are used to
determine the positions of the Polhamus vortices which then
become impressed vortices in aft regions. The leading-edge
vortex inboard of a break in sweep is assumed to stream back
over the remainder of the configuration at the lateral position
of the centroid of the leading-edge suction. Within its region
of generation, its vertical track is assumed to follow an angle
equal to one-half the local flow angle starting at the axial

position of the intersection of the strake leading edge with the
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body. This assumption is based on experimental observation, as

discussed in reference 33.

. Downstream of the tréiling edge of the region in which it
is generated, the leading-edge vortex remains at constant z. If
a sufficiently long fuselage section existed between the wing
and tail regions, the vortex could be tracked using VTXCLD. For
the current study, this is unnecessary. The vortex outboard of
a break in sweep, which is obtained by combining the
leading-edge and side-edge vortices, 1is also assumed (in its
region of generation) to track at half the local flow angle
(starting at the axial position of the break). Its lateral
position is at the centroid of the combined leading~- and
side-edge suction distributions. In aft regions, it also tracks

at constant y and z.

The trailing-vortex system from the potential lift for each
lifting surface is also available from the loading calculations.
The vortex-lattice method results in a trailing-vortex filament
from each column of the lattice network, which goes to down-
stream infinity in the fin chordal plane. The system of
trailing vortices for each lifting surface is thus distributed
across the span, with the vortices originating in the plane
of the lifting surface at the lifting-surface-region trailing

edge.

The carryover loads on the fuselage due to the loads on
each lifting surface are calculated in the spirit of
slender-body theory, and then the entire procedure is repeated
for the tail region. From the loadings on the various
components of the configuration, the complete configuration
normal and side forces are calculated. From calculation of the
centers of pressure of the various loadings, the pitching,
yawing and rolling moments of the configuration are also

computed.
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DATA BASE FOR THE GENERALIZED RESEARCH FIGHTER

In a series of reports predomihantly from the NASA/Langley
Research Center (refs. 39;44), the aérodynamic performance of a
generic fighter configuration has been documented in some
detail. This configuration, called the Generalized Research
Fighter (GRF), consists of a nose, a vertical tail, and a number
of strake and wing variations. All of the tests reported have
been at a single scale except for references 40 and 44. 1In
reference 40, the model used was 2.4 times larger and in
reference 44 it was 50% smaller than in the other studies. 1In
related investigations, the effects of canards, horizontal
tails, and multiple vertical tails have been investigated, but
these studies are not considered here. One particular
implementation of the GRF is shown in figure 24 (from ref. 43),
in which the dual-balance system used in some of the testing is
indicated. Use of two balances has allowed the determination of
the performance of the nose/strake portion of the configuration

as well as of the entire vehicle.

The cross section of the nose of the GRF is initially
circular but transitions to the slab-sided geometry shown in the
end view of figure 24. In side view, the nose is defined as if
it were a tangent-ogive of fineness ratio 2.18. The GRF strakes
in references 41-44 are flat plates with a reflexed planform and
beveled leading and side edges. Those shown in figure 24 are
the largest tested ("strake 3" in ref. 43) and are one member of
a family of three. The other two members feature the same
general planform but progressively smaller span. No strakes (or
vertical tail) were included in reference 39, and in reference
40 a simple delta strake was used. The wings in the test series
have varying leading-edge sweep, with values of 309, 40°, 449,
50° and 60° used in various of these studies. The reference

area (1032 cm?2), section (double circular arc), and distribution
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of maximum thickness (6% of chord at the root varying linearly
to 4% at the tip) remain constant for these wings, as do the
span, and the root and tip chords (fig. 24).* The vertical tail
has the dimensions shown in that figure, and the same section

and thickness distribution as the wing.

The range of data available for the various configurations
of the GRF is shown in Table 1. In that table, the numbered
strakes are identified as in reference 43; that is, the exposed
semispans are 10% (strake 1), 20% (strake 2) and 30% (strake 3)
of the wing semispan. The information in this table was used to
guide the selection of the configuration to be used for some
preliminary calculations using the scheme described in the
preceding section. It is seen that the most complete data
exists for the wing with a leading-edge sweep angle of 44°, and
that the experimental coverage is the same for all of the
numbered strakes, except that vortex bursting information exists
for strake 3. Because of this additional information and
because the effects of the strake increase in magnitude with
strake size, we selected strake 3; the configuration to be

modeled is thus that shown in figure 24.

x*

Except for references 40 and 44, in which scale factors of 2.4
and 0.5, respectively, were used. A wing sweep of 44° was
used in these studies.

49



PRELIMINARY CALCULATIONS WITH THE OVERALL METHOD

In this section, the. calculation method consisting of
programs VITXCLD and ASYMVL is applied to the GRF configuration
of figure 24, treating body-strake, body-wing, body-strake-wing,
and body-strake-wing-tail variations. First, however, it is
useful to examine some results obtained from ASYMVL as applied

to some simple wings (all flat plates with sharp edges).
Simple Wing Planforms, B = 0°©

Calculations are made for two rectangular wings, a cropped
arrow, a cropped delta, and a double delta to examine various
features of the method without the complications introduced

by a body, nose vortices or tail.

The rectangular-wing cases serve to demonstrate that the
Polhamus vortex-1lift analogy has been properly applied for the
side edge as well as for the leading edge. Predictions made
ﬁsing ASYMVL are compared to measurements and to calculations
made with another implementation of the Polhamus analogy with a
vortex-lattice method, that of Lamar (ref. 45), in figures 25
and 26. Figure 25 is for an aspect ratio (AS) of 0.2, while
figure 26 is for AS = 1.0. The differences between the
calculations of Lamar and ASYMVL in these figures are very small
and are presumably due to the different paneling layouts used
(Lamar used 6 chordwise x 25 spanwise panels, ASYMVL used 5 x 10),
a subject discussed below. The separate contributions of the
potential, leading-edge, and side-edge 1ift are shown. The sum
of these terms agrees quite well with the measurements. The
center of pressure of the side-edge contribution, however, is
seen to be predicted somewhat too far aft as compared to the

data.
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In figure 27, the calculations of Lamar and ASYMVL for the
potential, leading-edge, and side-edge terms for a cropped arrow
are again essentially identical. Here, however, the calculation
of Lamar shows the effect of the augmented-vortex-1lift term
(egq. 2). For this planform, the "“augmentation" term is negative,
and it is seen that the inclusion of this extra term leads to

improved agreement with the measurements.

Figure 28 shows a cropped-delta wing where the augmentétion
term is positive. 1In this figure, it is shown that the ASYMVL
calculation is in good agreement with Lamar's for the potential
term and the combination of the leading- and side-edge terms,
but that the individual leading- and side—-edge vortex-1lift terms
are somewhat different in the two methods. This may reflect the
way the contribution from the swept bound-leg vorticity is
handled in these schemes. It is further noted that inclusion of
the augmented-vortex-1ift term is again required to achieve good

agreement with data.

Returning briefly to the question of paneling layout, the
ASYMVL calculations in figure 28 were accomplished using 5
chordwise panels by 14 panels over the wing semispan, and those
of Lamar were done using a 6 x 25 layout. Sensitivity of the
calculation to this difference is examined in figure 29, where
the ASYMVL-calculated potential normal force is shown for
various paneling layouts. It is seen that the dependence on the
number of chordwise panels is weak (5 seems to be sufficient),
but that more than 14 spanwise panels (the current maximum value
allowed in ASYMVL, see Appendix B) are required to reach the
asymptotic value.

The final wing-alone test calculations were for the

double delta with 800/60o leading-edge sweep angles reported
on in reference 46. ASYMVL results were obtained using 7 panels
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in the chordwise direction and 14 panels on the wing semispan,

7 inboard and 7 outboard of the leading edge break. In each

of the inboard and outboard regions, the panels were spaced using
a "l/2-co$ine" distribution so that the panels were narrower

at the outer edge of the region. Our previous experience with
the correlation developed in reference 33 for K;Ee (eg. 4) for
simple delta wings suggests that, as long as the planform is

not cropped and has no trailing-edge cutouts, the correlation

can be used for each segment of the double delta. Accordingly,
t&is correlation was applied for the region inboard (Aﬂe = 80°,
Kypo, = 0-95) and outboard (A, = 60°, Ky, = 0.55) of the
break. The resulting calculations are compared with the
measurements from reference 46 in figure 30. Excellent agreement
is shown up through the angle of attack at which vortex breakdown

was observed in the experiment.

While the overall lift coefficient is calculated quite
accurately, some features of leading-edge vortices are not. As
described earlier and in more detail in Appendix B, the leading-
edge vortex for the region inboard of the break is assumed to
lie laterally at the location of the centroid of the
leading-edge suction distribution for this portion of the wing,
and to track at o/2 from the wing apex. The outboard vortex is
assumed to lie laterally at the centroid of the leading-edge
suction for the portion of the wing outboard of the break, and
to follow an a/2 trajectory starting at the break location.
While these assumed vortex paths have no effect on the wing
loadé in the current implementation of ASYMVL, they can exert
important influences on the loads on aft components, as is shown
later in calculations for the GRF. The vortex positions which
result from these assumptions are compared to total-pressure con-
tours and velocity-field measurements from reference 46 for
a = 10° in figures 31(a) and (b), respectively. These figures

show results in a plane normal to the free-stream direction
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1ocated about 10% of the wing's root chord downstream of the
trailing edge. It is seen in these figures that the actual vor-
tex trajectories are considerably different from the assumptions
and reflect a mutual interaction that is not represented in the
current version of ASYMVL. Furthermore, the calculated vortex
strengths shown in figure 31(a) indicate that the inboard vortex
is more than twice as strong as the outer one, whereas the
experimental evidence suggests that the outboard vortex is
stronger. These discrepancies (and some results for.the GRF
discussed later) suggests some improvements needed in ASYMVL:
calculating the vortex paths (instead of assuming them) allowing
for their mutual interaction should improve the former
situation; allowing the vortices to enter in the calculation of
the loads should help the latter. These possible improvements

are discussed further later.
GRF Configuration, B = 0°

Next are examined the longitudinal aerodynamic coefficients
of various components of the GRF at zero sideslip. Calculations
are compared with measurements for the body-strake, body-wing,

and body-strake-wing configurations.

For the body-strake configuration, a layout of 5 chordwise
panels by 14 panels on the semispan was used. Predictions are
compared to measurements for normal force and pitching moment
in figures 32(a) and (b), respectively. In these figures, two
sets of measurements are shown: measurements of the total

configuration loads (C_ and Cm), and measurements made with the

N
strake balance indicated in figure 24 (Cy, and Cm,). For this
configuration, the differences between these two sets of

measurements (significant only for normal force) represent the

small locads generated on the portion of the beody aft of the
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strake trailing edge. Three sets of predictions are shown:

(1) calculations made using ASYMVL alone with no allowance made
for the nose vortex field calculated by VIXCLD or for the loads
on the nose ahead of the strake leading edge; (2) calculations
made using ASYMVL including the effects of the nose field but
excluding the nose loads; and (3) complete predictions including
the effects of the field and the nose loads. Because of the
details of the calculational procedure, these complete predictions
should fall between the two sets of measurements. It is seen,
however, that both normal force and pitching moment are somewhat
over predicted. Just as for the simple wings discussed earlier,
inclusion of an augmented-vortex-1lift term (negative for the

strake planform) would improve the agreement with the measurements.

In figure 33, similar calculations are shown for the body-
wing configuration. A 5 x 14 panel layout was again used in
ASYMVL. For this case, the "strake balance" records the loads
on the nose only, and the predictions of VITXCLD can be compared
directly with these measurements; good agreement is seen to exist
for normal force and pitching moment at the single angle
calculated. Calculations at additional angles of attack would
be required, of course, to verify fully the accuracy of the
prediction for the nose. The data in figures 33(a) and (b) show
that without the influence of the strake vortex, the wing stalls
at o ~ 16°. Beyond that point, the ASYMVL predictions obviously
will show poor agreement since no attempt is made to represent
this phenomenon in the model. For o < 16°, however, it is clear
that the use of full leading- and side-edge vortex lift (Ksie =
= 1) is somewhat optimistic. This is in spite of the fact
that surface cil-flow patterns clearly show the existence of a
leading-edge vortex system (ref. 43). Note that if the
correlation for K;Ee developed for simple delta wings is applied
to this wing, we obtain K;Ke = 0. Use of this wvalue with K; =1

se
in ASYMVL (no nose vortices) results in the improved agreement
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shown in figures 34(a) and (b). Inclusion of the nose loads
from VTXCLD would further improve the prediction of Cm and leave
CN essentially unchanged. However, use of the delta-wing
correlation for other planforms does not always work so well.
Referring back to the cropped delta of figure 28, we see that
even with K;Le = 1 (the delta-wing correlation gives K;Ee = 0.73
for this wing), inclusion of augmented vortex lift is required
to achieve agreement with data. Obviously, further work is
required to develop the guidelines necessary for appropriate
specification of K;Ze and augmented vortex 1ift, as these

gquantities vary with the wing planform and leading-edge sweep.

The current geometry package for ASYMVL requires modeling
the strake~wing combination as a complex wing planform with
multiple breaks in leading-edge sweep. Calculations for the
body-strake-wing configuration were therefore done using 7
chordwise panels and 14 panels distributed over the semispan,

7 over the strake portion and 7 over the wing portion. On the
basis of paneling convergence tests previously conducted on
simple planforms (e.g., see fig. 29), it is expected that this is
adequate chordwise resolution but that the number spanwise is
probably too small; nonetheless, this is the current

maximum allowable. This program constraint can be relaxed, aﬁd
this modification is among the recommendations made later for

improving the prediction method.

In figures 35(a) and (b), various predictions for this
configuration made using VTXCLD and ASYMVL are compared to
measurements for the normal force and pitching moment coefficients,
respectively, assuming full vortex 1lift on the strake and wing.
The data for normal force coefficient show a break in slope at
o = 20° and an abrupt loss of lift at o = 28°. These effects
are due to vortex bursting. In reference 44, it is shown that

strake-vortex bursting occurs for this configuration at the
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axial location of the wing-trailing-edge/body junction at

o = 23°, and at o = 30°, the bursting location has progressed
forward to the axial position of the wing-leading-edge/body
intersection. While no modeling of the vortex-bursting process
is included in our calculations, predictions are made up through
the angle at which the abrupt loss of 1lift occurs. Contributions
to the predicted quantities resulting from including the nose
field in ASYMVL and including the loads calculated on the nose
by VIXCLD are shown. As would be expected from the body-wing
calculations shown previously, at high angle of attack the
assumption that all the leading—édge suction calculated for the
wing is converted to vortex lift is optimistic. The predictions

for pitching moment (fig. 35(b)) are particularly affected.

Rather than using the values of Kzﬂe and K;se that were
shown to give satisfactory results for the body-wing
configuration in figure 34, these factors are set to zero for
the wing portion of the body-strake-wing configuration making
use of some additional available information. Based on the
surface oil-flow patterns of reference 43, an g-dependent
vortex-flow pattern has been deduced in reference 36 for the
body-strake-wing configuration as follows: at low angle of
attack, the strake and wing vortices are individually
distinguishable on the configuration surface and the strake
vortex persists over the wing at a spanwise station near the tip
of the strake; at high angle of attack (a < 20°), the wing
surface flow pattern evidences only one large region of spanwise
vortex flow which extends spanwise from the wing-fuselage
juncture to roughly 86% of the reference wing span, outboard of
which the wing appears to be stalled. Additional evidence at
high a suggests further that the wing vortex is displaced away

from the wing upper surface by the strake vortex.
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These observations led to an c-dependent augmented-vortex-—
lift model in reference 36: at low a, lift augmentation occurs
on the wing due to both the wing and the strake leading-edge
vortices; at high o, there is a negative "augmentation" effect
for the strake itself because of its trailing-edge notching,
but a positive augmentation of the wing lift due to the presence
of the strake vortex over the wing. Also at high o, due to the
vortex—-displacement effect, the wing leading- and side-edge

vortex—-1ift terms are assumed to be zero. Thus, for the wing,

%* %*
KvLe = Kvse = 0.

As noted earlier, ASYMVL does not currently include an
augmented-vortex-lift model, but use can be made of the observa-
tions about the vanishing of the wing leading- and side-edge
vortex 1lift at high angle of attack. Calculations using this
information are shown in figures 36(a) and (b). As expected,
the predictions for full vortex lift on the wing and no vortex
lift on the wing bracket the measurements for normal force
(fig. 36(a)) and pitching moment (fig. 36(b)), and inclusion of
the augmentation terms would yield closer agreement with the
data. Further enhancement could conceivably result if the
augmented-vortex-1ift model were made to include effects of the
forward progression of the strake-vortex bursting location shown
in reference 44. The predictions of reference 36, including the
augmentation terms but without any allowance for bursting, are
shown for pitching moment in figure 36(b), and for lift
coefficient in figure 37. For comparison, the ASYMVL
calculations shown as Cx in figure 36(a) have been converted to

lift coefficient and are also included in figure 37.
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GRF Configuration, B = 5°

At B = 5°, a series of calculations has been made using the
baseline version of ASYMVL to identify areas needing improvement.
The baseline version incorporates a number of simplifying assump-
tions, particularly with regard to vortex trajectories (Appendix B),
that are expected to need upgrading under conditions of sideslip.
For example, the nose vortex cloud as calculated by VTXCLD up to
the position of the strake leading edge is assumed thereafter in
ASYMVL to follow a trajectory parallel to the body centerline. 1In
a similar fashion, the strake leading-edge suction vortex is assumed
to move vertically at an angle of a/2 from the strake -leading edge,
and its horizontal position is set at the centroid of the strake
leading-edge suction distribution. Calculations made using these
assumptions are shown for the body-strake-wing configuration in
figure 38 and the body-strake-wing-tail configuration in figure 39.
When the tail is included, it is modeled with 5 chordwise and 14

spanwise panels.

Predictions of the longitudinal characteristics of the body-
N’ fig. 38(a) and Co
fig. 38(b)) follow the same general pattern as the previous

strake-wing configuration at 8 = 5° (C

results for B = 0°: the two predictions including the effects

of the nose field in ASYMVL and the nose loads from VTXCLD, which
vary by the amount of vortex lift on the wing, bracket the data.
These predictions are shown by the filled symbols in figure 38.
Inclusion of an augmented-vortex-1ift model for the strake in
conjunction with no wing leading- or side-edge suction lift would

result in good agreement, as at B8 = 0°.

With respect to the lateral characteristics, the data
indicate a dramatic change in behavior at a =~ 20°, the angle
near which (for 8 = 0°) symmetric strake-vortex bursting
occurred at the axial location of the wing-trailing-edge/

fuselage junction. The large effects on the lateral
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‘aerodynamics at g8 = 5° are most likely indicative of asymmetric
- bursting of the left and right strake vortices. Under positive
sideslip, previous studies (see, for example, ref. 47) suggest

that the strake vortex over the right wing would burst at a

somewhat lower angle of attack than at g = 0°

, while the vortex
over the left wing would retain its identity to a higher angle.
This would result in a loss of lift on the right wing, and a
tendency for a right-wing-down (positive) rolling moment, just
as in figure 38(c). Under these conditions, attention should be
confined to predictions made for o < 20° (although predictions
are shown at a = 28°9), because of the previously cited lack of

modeling of vortex-bursting phenomena in ASYMVL.

In figures 38(c)-(e), considering the predictions at a = 20°
which include the effects of the nose field in ASYMVL and the
nose loads from VTXCLD, it is seen that the amount of vortex
1ift which occurs on the wing (as opposed to on the strake) has
very little effect on the lateral characteristics. That is, the
predictions shown with the filled symbols differ very little
from each other. The predictions of the very small yawing
moment (Cn) and side force (Cy) shown by the data are very good
at low angles of attack, but CL improvement at higher angles is
needed. The rolling moment, of course, comes about as the
difference between two quantities of nearly equal magnitude but
opposite sign, so it is a difficult test of a prediction method.
It is felt that the discrepancies shown in the lateral
characteristics are probably due to the simplified treatment of

vortex trajectories discussed above.

When the tail is added (fig. 39), comparison of the
measurements in the corresponding parts of figures 38 and 39
reveals that the tail loads dominate Cn and Cy but have very
little effect on CL' The abrupt change in behavior at o = 200 jg

amplified in C, and C and presumably stems from changes in the

yl

59



tracks of the various vortices as they interact with each other
and with the tail. Again focusing on the predictions repre-
sented by the filled symbols at a = 20°, it is seen that Cypo

<, and Cy are slightly over-predicted; here again, it is felt
that most of the discrepancies stem from the current over-
simplified treatment of the vortex trajectories. This view

is supported by the excellent predictions at o = 4°, where

vortex effects are unimportant.

‘ To investigate the sensitivity of the predicted lateral
characteristics of the body-strake-wing-tail configuration to
changes in the vortex paths, a number of calculations have been
performed. These calculations were all done at a = 20° using
full vortex lift on the strake and no vortex lift on the wing.
Attention is focused on those lateral coefficients which are
dominated by the tail loads, Cn and Cy' and the effects on
the tail contributions to these guantities studied as the vortex
trajectories are varied from the "baseline" paths currently
assumed in ASYMVL. No attempt is made to match the observed
values of these coefficients through arbitrary maneuvering of
the vortex paths, but rather it is attempted to determine the
effect on these coefficients of changing the positions in ways

that improve on the current simple assumptions.

The following cases were considered:

Case Vortex Trajectories
0] The "baseline." Normal ASYMVL assumptions,
a = 200.
1 No vortex fields from wing region or

nose included in tail loads.
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2 Only vortices from potential loads on
- wing included in tail-load calculation.

3 Path of nose and strake vortices
calculated to tail location by slender-
body tracking over fuselage (no wing).

4 Strake vortices follow baseline path
(case 0), nose vortices follow path of

case 3.

5 Nose vortices follow baseline path
(case 0), streke-vortex vertical path
as in baseline (case 0) and horizontal path

from case 3.

6 Nose vortices follow path of case 3,
strake~vortex vertical path as in baseline

(case 0) and horizontal path from case 3.

The resulting vortex positions in the tail region for cases 0

and 2-6 are shown in figures 40(a)-~(f), respectively*. Case 1
has no vortices and is not shown. Remember that for the purposes
of calculating the contribution to the loads in a given region

of an impressed vortex from an upstream region, ASYMVL assumes
the vortex is parallel to the fuselage centerline in the region
in which the loads are being calculated. Therefore, to be
consistant with this modeling, the vortex paths in the tail
region are shown parallel to the centerline in figure 40. 1In
figures’40(a) (case 0) and 40(c)~-(f) (cases 3-6), the vortices

The nose field consists of two clouds of vortices, one
emanating from the right side of the nose, the other from
the left. In figure 40, the centroids and overall strengths
of these clouds are shown.
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associated with the wing potential loads (case 2, figure 40(b))
are not shown for clarity but were included in the associated
load calculations. The tracking for case 3 was performed using
VIXCLD. The trajectories of the nose field and the strake
vortices were calculated separately, both calculations done
modeling the fuselage in the wing region as a circular body

(the same circular fuselage as assumed in ASYMVL) with no effects
of the wing represented. A tracking calculation involving the
nose field and the strake vortices simultaneously could have been
done, but in a case like this where there are large disparities
in the vortex strengths, special care is required. Techniques
necessary for such a calculation have been demonstrated, such as
incorporating viscous cores in the strake vortices which dominate
the calculation or treating the strake vortices as clouds of
vorticity. However, it is felt that the added complexity
involved is not warranted for the present purpose, which is to
determine the sensitivity of the lateral characteristics to
changes in the vortex trajectories. After it is demonstrated
that these trajectories exert a strong influence, a suitable
tracking calculation involving all of the vorticity and

the effects of the fuselage and lifting surfaces can be

incorporated in ASYMVL (in future work).

The contributions of the tail to Cy and C, for these cases,
at B =59, are shown in figures 41 (a) and (b). The contributions
0of the tail as inferred from the measurements of reference 41 are
also included in these figures. These latter contributions were

calculated, for example for Cy, as

C = (5)

o C
Yiain Ypswr Ypsw

where the subscripts BSWT and BSW indicate the body-strake-wing-

tail and body-strake-wing configurations, respectively.
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Cases 1 (no vortices) and 2 (potential-load vortices only)
are included as "limiting" cases, in some sense. . Consideration
of the remaining cases in figures 40 and 41 reveals that the
positions of the powerful strake vortices exert a controlling
influence on the tail lateral loads. The positions of the nose
vortices are not unimportant, but because these vortices are so
much weaker than the strake vortices, their effects are much
smaller. For example, if the nose field trajectories and the
vertical positions of the strake vortices are left unchanged
from their baseline values, but the horizontal position of the
strake vortices is changed in accord with slender-body tracking,
large favorable influences (improving.agreement with experiment)
on the lateral coefficients result (compare case 5 with case 0).
If the nose field is then moved, there is esentially no further
change (conipare case 6 with case 5). Additionally, if the strake
vortices are retained in their baseline positions but the nose
field is allowed to move, much smaller (but still favorable)

changes result (compare case 4 with case 0).

It is interesting to observe that the induced lateral loads
cannot be used to infer the correct paths. This is so because
there is not a unique relationship between the two. Notice

that Cn and C_ for cases 0 and 3 are nearly the same, but these

cases are foryradically different vortex trajectories. We can,
however, assert that: (1) the simple assumptions for vortex paths
currently included in ASYMVL are not physically correct (recall
the comparison of the calculated and measured vortex positions

of figure 31 for the 80°/60° double delta), and (2) the results

of figure 41 show large sensitivity of the lateral coefficients

to moderate changes in vortex positions. It seems that

improved modeling of the vortex paths and interactions holds
promise of considerably improving the predictions shown for

the body-strake-wing-tail configuration in figure 39.
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RECOMMENDED APPROACH TO IMPROVING THE PREDICTION METHOD

In the preceding sections, the importance of vortical flows
to the longitudinal and lateral aerodynamic characteristics of
complete configurations like the GRF has been demonstrated.

At zero sideslip, it has been shown that, so long as detailed
pressure distributions are not required, the important phenomena
associated with these vortex flows can be represented by
approximate engineering models, allowing for the

rapid and inexpensive calculations required in preliminary

or conceptual design studies. With sideslip, it has been shown
that these approximate calculations are sensitive to the
trajectories the various vortical flows take, and certain
selected trajectories provide solutions which are in reasonable
agreement with experimental results. Until additional veri-
fication is completed, it is assumed that vortex trajectories
which model the actual physical flow phenomena will probably
result in predictions of satisfactory accuracy. It has been
shown that programs VTXCLD and ASYMVL provide the basis for a
method that can deal with all the aspects of this problem, but
certain improvements are required. In this section, the areas

in which improvement is needed are identified.

l. Vortex-lattice representation. It has been shown that

the current maximum limit for the number of spanwise panels is
sometimes too restrictive. This limit should be increased in a
minor modification to ASYMVL. It is also desirable to allow for
separate paneling of the strake and wing for configurations
where both are present. Full mutual interference of these sets
of panels should be retained, but the current requirement of
treating the strake/ wing combination as a complex wing planform
for the purpose of laying out the panels should be relaxed.

Finally, certain features of the printout should be improved to
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allow for easier checking of the panel layout generated by
ASYVML.

2. Carryover loads. The scheme described in Appendix B

for calculating the portion of the loads generated on a lifting
surface which are carried over onto the body is known to be
satisfactory for B = 0° The extension to the condition of
sideslip, also described in that appendix, should be

investigated in more detail.

3. Augmented vortex lift. Calculations made for the simple

wings and for the GRF have shown the need to include both the
notions of augmented vortex lift and the edge-vortex-1ift reduction
factor Ki. The augmented-vortex-1ift model accounts for the
effects of edge-generated vorticity away from the edge, while
the K; factor accounts for the observed fact that under some
conditions, not all of the leading- or side-edge suction is
converted to vortex lift at the edge. While ASYMVL currently
allows for a K$ effect on the leading and side edges, correla-
tions for K: need to be established for planforms other than
simple delta wings, and an augmented-vortex-1lift model should
be added. It may furthermore be required to allow the strake
vortices to enter in the calculation of wing loads, in order to
establish the correct relationship among the vortex strengths.
This possibility was suggested by the calculations done for

the 80°9/60° double-delta wing, and should be studied further.

4. Vortex trajectories. In ASYMVL, the vortex paths are

currently assumed. The calculations described for the GRF and
for the 809/60° double delta clearly indicate the need to
calculate these trajectories, allowing for mutual interaction of
the various vortex systems and for interaction of these systems
with the lifting surfaces and the fuselage. This is an area

where further data would be advantageous: flow~field surveys
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over the GRF configuration of figure 24 would be most helpful.
Those flow-field data that do exist (Table 1) are for a GRF
configuration with a delta strake; the information for the
configuration with the deita strake is far less complete than
for the GRF studied here. However, in the absence of flow-field
data for the configuration of figure 24, the data for the GRF
with the delta strake can be used to develop the required method

for calculating vortex trajectories.

5. Vortex bursting. For simple delta wings, a considerable

amount of experimental data has been obtained concerning
vortex-bursting location as a function of leading-edge sweep
angle, angle of attack and angle of sideslip, and some information
is available for other simple planforms and a few double-delta
wings (see, for example, refs. 47 and 48). Furthermore,
reference 44 has information on the strake-vortex bursting
behavior of the GRF of figure 24. Use should be made of this
information, as a minimum to provide an upper limit on o for
calculations which contain no modeling of the bursting process.
A better approach, however, is to include the effects of vortex
bursting on the characteristics calculated using the Polhamus
analogy as extended with the K: and augmented-vortex-lift
concepts. In recent work (ref. 49), Lan and Hsu have provided
the basis of such an approach. Their method uses correlations
of experimental data to predict the angle of attack for vortex
breakdown at the trailing edge, the forward progression of the
breakdown point for higher angles of attack, and the amount

of vortex lift remaining in the region aft of breakdown. Results
in reference 49 suggest that their approach is valid for B # 0°
as well as for B = 0°, and that it can be applied to planforms
other than simple deltas. The concepts contained in this
approach can be included in ASYMVL, considerably expanding its

range of applicability.
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Improvement of ASYMVL in these five areas will result in
an engineering method capable of providing accurate predictions
of low-speed longitudinal and lateral configuration aerodynamics.
Undue complexity is avoided through the incorporation of the
governing physical mechanisms in the form of rational engineering
models, and the associated computational cost is commensurate with
the preliminary design process. For example, the total CDC
Cyber 760 central-processor execution time required by VTXCLD
and ASYMVL for each angle of attack at B # 0° is approximately 50
seconds. For B = 09, where symmetry options can be invoked and
the vertical tail does not contribute to the loads, less than

half of this time is required.

CONCLUDING REMARKS

In this report, work has been described dealing with two
areas which are dominated by the nonlinear effects of vortex
flows. For each area, the governing phenomena have been described
as identified with the aid of existing experimental data.

Existing analytical methods have been reviewed, and the most
promising method for each area has been used to perform some
preliminary calculations. Based on these results, the strengths
and weaknesses of the methods have been defined, and a course
of action recommended for improving the understanding of the

mechanisms involved and the predictive capability.

The most promising approach for predicting the high-angle-of
attack aerodynamics of the general aviation wing with a modified
leading edge involves coupling boundary-layer theory with an
inviscid representation of the flow field. The inviscid
representation accounts for attached areas with a surface-
singularity distribution and the separated wake using a free

vortex sheet. An iterative calculation is required, wherein
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the wake shape is relaxed so that the vortex sheet is a stream
surface in the converged three-dimensional flow field and a
consistent separation line is predicted. Because the inviscid
technique is currently under development, the preliminary
calculations done could not explore all aspects of the required
coupling, and there are several important questions remaining

for the recommended research program.

Predominant among the areas needing exploration are the type
of boundary-layer analysis necessary and the nature of the
criterion which will allow for accurate prediction of the
separation line when used in conjunction with the boundary-layer
analysis and the inviscid separated-flow model. Additionally,
the structure of the flow in the immediate vicinity of the
break in the leading edge is not completely understood, and the
role in a predictive calculation of the discrete vortex which
has been observed in this region in flow-visualization experiments
is not clear. Experiments have demonstrated a high level of
sensitivity of the stall characteristics of the wing to geometrical
perturbations in this region. This sensitivity makes the
development of a comprehensive prediction method a most demanding
task, possibly requiring technology beyond that currently

available.

With respect to the high-angle-of-attack characteristics of
fighter aircraft, the development of an engineering method
for the overall loads is simplified by the fact that the locations
of the primary separations are known to be at the edges of the
lifting surfaces. Coupling with boundary-layer analysis is
therefore not required for the analysis of the lifting surfaces
and use of the well-known Polhamus suction analogy (suitably
extended) has been shown to lead to good results. For the

analysis of the forebody, consideration of boundary-layer
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behavior is regquired, but the use of simple methods in this
regard has been shown to give good results.

As a result of these factors, the recommended program for
future work in this area is more developmental and less exploratory
in nature than in the previous case. The work recommended for
improving the fighter method includes generalizing the correlations
which currently exist for the edgé-vortex—lift reduction factor
and for the augmented-vortex-lift term, and including the effects
of vortex bursting using known techniques. Additionally, existing
procedures for calculating vortex trajectories should be
implemented, a feature which is particularly important under
conditions of sideslip. Accomplishment of these tasks will lead
to an engineering method which is inexpensive to use but which

is of great utility in preliminary design studies.
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TABLE 1.- GRF

AERODYNAMIC DATA

Reference
39 40 41 42 43 44

Strakes None Delta 1,2,3 1,2,3 1,2,3 3
Wing Leading-Edge Sweep 44 44 30,44,60 30,40,44 30,44,60 44

Angle (deg) 50,60
M 0.26 0.2 0.30 0.3 to 0.8 0.3,0.5 o("izgf:)t“““el
a (deg) 0 to 24| 20,35} -4 to 48 -4 to 48 5 to 30 {0 to 40
B (deq) 0 0,10 -5,0,5 0 0 0.
Longitudinal Aerodynamics ' v % %
Lateral Aerodynamics v v
Strake Balance Used v 4
Wing Pressure Distributions v
Wing Segt%on Lift and Drag /

Coefficients
Wing Span Loading v
Flow Field Traverse Data Y
Surface Flow Visualization v v
Vortex Bursting Characteristics v
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Figure 8.- Schematic representation of the separation model
of the precursor code to VSAERO. Fromreference 10.
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APPENDIX A

A REVIEW OF PREDICTION METHODS FOR THE LOADS ON
A STALLED AIRFOIL

SYMBOLS
¥ section drag coefficient
Cm section pitching moment coefficient
Ug free-stream velocity at edge of boundary layer,
eq. (A-2)
u streamwise component of velocity in boundary layer
v velocity
v transverse component of velocity in boundary layer
X,¥Y streamwise and normal coordinates, respectively
boundary-layver thickness
Subscripts
i value integrated over boundary layer, eqg. (A-2)

INTRODUCTION

In this appendix, methods are reviewed which allow calcula-~-
tion of the loads on an airfoil experiencing a large region
of detached flow. This detached flow may be due to trailing-
edge stall or "bursting" of a leading-edge laminar separation
bubble. Methods dealing solely with closed laminar separation
bubbles are not reviewed. Similarly, methods which require

empirical knowledge of section characteristics as a function of
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angle of attack (such as the lifting-line analysis of ref. 50)

are not included. Finally, although some unsteady methods suitable
for application to the dynamic stall problem are discussed, our
main interest is in the calculation of the average loads on an
airfoil at (constant) high angle of attack.

The existing procedures are, in general, zonal models which
combine a line-singularity method with a boundary-layer method for
the attached flow and a separated-flow model for the detached
region. Although they naturally differ in many (if not most)
details, the most important distinction among the methods involves
the nature of the treatment of the separated region. For purposes
of the present discussion, therefore, it is convenient to group
the methods into two broad categories in this respect: (1) the
separated flow is modeled by what is equivalent to free vortices
shed from the airfoil boundary layers at the separation locations,
or (2) the separated flow is treated through some application of

the "equivalent inviscid body" concept (defined below).

FREE VORTEX METHODS

In these methods, the free shear layers bounding the
separated-wake~flow region are represented by vortex sheets, each
point of which is convected by the velocity induced by all the
other singularities in the flow, i.e., the other wake vortices
and the singularities used to represent the wing surface. The
shapes of these shear layers must be determined by iteration or
in an unsteady manner. The strength of the wake vorticity is
calculated from some criterion based on conditions at the
separation locations on the upper and lower airfoil surfaces.

In these methods, the pressure in the separated region is
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calculated (as opposed to specified, as in some of the methods
discussed later) and is used with the pressure calculated on

the attached regions to determine the loads on the wing.

The first method of this type to be discussed is the CLMAX
method of reference 12. The model used in CLMAX is shown in figure A-
(from ref. 12). In this model, the flow is everywhere irrotational
except along the vortex sheets representing the airfoil surface
and the free-shear layers, the shapes of which are not known a
priori. The vortex sheet representing the airfoil surface is
broken into discrete panels, in each of which the vorticity
varies linearly. The free-shear layers are specified to be of
constant and equal vorticity (of opposite sign), the magnitude
of which is equal to the vorticity at the trailing edge of the
lower surface (the specified lower-surface separation point).
The unknown vortex strengths are determined by solving a set of
linear equations obtained by imposing boundary and auxiliary
conditions as follows: (1) The flow through the airfoil surface
in the attached region is the transpiration flow (represented
by a piecewise-constant source distribution) calculated from
the boundary-layer solution to represent the boundary-layer
displacement effect; in the detached region, there is no flow
through the surface. (2) The vorticity at the separation point
on the upper surface is the same as for the upper free-vortex
sheet. (3) The vorticity distribution on the airfoil surface

in the separated region must start and end at zero vorticity.
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The solution procedure involves two iteration loops. In the
outer loop, the pressure distribution from the potential solution
is used to derive a boundary-layer solution from which the
displacement effects and separation point on the upper surface
are determined. In the inner loop, the shapes of the free-
vortex sheets are relaxed until they lie along streamlines.

The boundary-layer development is calculated using separate
integral techniques for laminar and turbulent regions as
applicable, with transition automatically accounted for;
separation is taken to occur where the local skin-friction
coefficient becomes zero. When both iterative cycles are
judged to be converged, the pressures on the airfoil are
calculated from the Bernoulli equation, accounting for the

total pressure loss in the wake.

Numerous examples of the application of CLMAX to calculate
the characteristics of airfoils at angles of attack beyond
that for the maximum lift coefficient are in the literature
(see, for example, refs. 12 and 51). 1In these applications,
it is shown that the constant-strength free-vortex-sheet
representation of the separated shear layers is generally
quite adequate in terms of the calculated pressure on the
airfoil. Downstream however, the lack of accounting for the
recompression zone of the separated region makes the model less
representative of the actual flow. It is stated that improve-
ment of this particular feature would be required where the
wake interacts closely with a downstream component. Also,

a weak dependence of the calculated results on the assumed wake
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length exists, but a possible correlation for the wake fineness
ratio (length/height) in terms of airfoil thickness/chord ratio

is given.

A representative example of the application of the CLMAX
method to the GA(W)-1 airfoil at high Reynolds number (Re=6.3x106)
is shown in figures A-2 and A-3 (from ref. 12). The agreement
with data shown is gquite good except at the highest post-~stall
incidence, where the separation location is seen to be erron-
eously predicted. The predicted post-stall decrease in 1lift
coefficient at lower Reynolds number is generally not in as
good agreement with data as that shown here, probably also due

to inadequacies in the predicted separation location.

A second free-vortex method for airfoils is that of
reference 52. Because the essential features of this method are
similar to those discussed in relation to the three-dimensional
method described in the main text (ref. 7), they will not be

repeated here.

The final free-vortex method to be discussed is the two-
dimensional unsteady method of reference 53. This method is
intended for analysis of dynamic stall and combines a discrete
doublet-panel representation of the airfoil surface (no flow
through the airfoii surface) with unsteady momentum integral
boundary-layer methods for the laminar and turbulent regidns
and a free-vortex representation of the wake (fig. A-4). The
boundary-~layer methods are used to predict the separation-point
location and the strength of the vortex shed at each time step

at each separation location using
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= - 7= u dy fA-l)

which can bhe intearated to result in the expression

= 2 -
I, = At Ug /2 (A-2)

if the assumption is made that 3v/3x = 0. Boundary-layer
displacement effects are apparently not included. The
velocity of each discrete vortex during the first time step
after it leaves the airfoil surface is based upon average
velocities in the boundary layer just prior to separation.

Thereafter, the wake vortices are convected by the airfoil/

wake induced velocities. The analysis is started with the airfoil

at rest and is stepped in time until steady-state results are
obtained. This method is at an early state of development, and

no results are available at this time.

Equivalent Inviscid Body Methods

Loosely grouped together in this section are a number of
methods which use, in one way or another, the idea that the
separation streamlines leaving the upper and lower surfaces when
combined with the forward unseparated portion of the body define
an "equivalent inviscid body." Several of the methods assume

the pressure in the separation region within this "body" is
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constant and calculates its value using various criteria, while
others utilize models of the internal separated flow and

calculate the pressure distribution in the separated region.

Included in the former category are several formulations
(see, for example, refs. 54-56) of a method which uses sources
distributed over the separated region of the actual body. The
outflow from these sources combines with the free-stream flow
and the singularities representing the unseparated body surface
to form the equivalent inviscid body. Reasonably satisfactory
results are obtained from these methods once a suitable
distribution of blowing is established, but the pressure in the

separation region is generally not well predicted in this way.

Another method which does not attempt to calculate the
details of the flow within the separation region is the model of
reference 57. In this approach, the surface of the equivalent
inviscid body is paneled, and the singularity strengths and the
shape of this body are iteratively solved for using the
following boundary conditions: (1) there is no flow through the
unseparated airfoil surface (as modified by the boundary-layer
displacement thickness); (2) the velocity is constant along
the surface representing the upper edge of the portion of the
separated wake over the airfoil and there is no flow through
this surface (it is a streamline); and (3) the surfaces
representing the trailing wake meet, are streamlines, and at
each station downstream of the trailing edge have equal velocity.
The pressure in the separated wake over the airfoil is set equal
to the pressure at the trailing edge of the bottom surface of
the airfoil. Separate momentum-integral boundary-layer methods
are used for the regions of laminar and turbulent flow, with

laminar leading-edge separation bubbles and transition accounted
' for. The turbulent separation criterion is that the shape factor

(defined as the ratio of displacement thickness to momentum thickness)
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be greater than 3. Calcuiations made using this method but with
the separation point known from experiment are compared to
measurements for the GA(W)-1l airfoil in figure A-5. These
results compare favorably with those for the CLMAX method for

the same airfoil shown in figures A-2 and A-3(b); remember,
however, that in the CLMAX method, the pressure in the separation
region is free to vary and is calculated, as is the separation
location. Calculations including the prediction of separation
using the method of reference 57 for the GA(W)-1 airfoil are

not available, but excellent results including separation prediction
are presented for other airfoils in combination with leading

and trailing flaps (see, for example, figure A-6).

Another example of a method which assumes constant pressure
in the separation region is that of reference 58. This method
involves the numerical solution of a Cauchy principal-value
integral equation wherein flow properties are computed only
along the streamlines which define the equivalent inviscid
body, leading to computational economy. A simple wake model is
used on these boundaries downstream of the assumed constant-
pressure region to provide for the relaxation of the pressure
to the free-stream value. In the constant-pressure region,
the velocity on the upper bounding streamline is set equal to
the value at the upper-surface separation location; on the lower
bounding streamline, the velocity is set equal to that at the
trailing edge of the airfoil. The position of these streamlines
is iteratively adjusted, along with the location of the stagnation
point, until a converged solution is obtained. The location of
the separation point must be input in the current version of
this model. 1In the application of this model to several airfoils,
the (constant) pressures in the separation region were not
accurately calculated, perhaps because of the omission of any
consideration of boundary-layer displacement effects just prior

to detachment.
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A final method with the pressure specified to be constant
in the separation region within the equivalent inviscid body
is that of reference 59.  This too is an iterative viscous-
inviscid interaction method, but unlike the other methods
discussed here, the calculation is not divided into distinct
sequential inviscid and viscous steps. Instead, in each
iteration cycle, the interaction between an inviscid calculation
and a boundary-layer analysis is explicitly modeled by a
mathematical expansion retaining linear terms "to account for
the complete first-order coupling between the viscous and
inviscid equations." The geometry of the displaced streamline,
which forms the boundary of the equivalent inviscid body, is
perturbed using the results of this expansion, and the procedure
continued until convergence is obtained. The inviscid calculation
is done using a mixed-boundary-condition potential method. This
formulation allows either conventional no-through-flow boundary
conditions to be applied at a region of known geometry, or
alternatively, the surface velocity can be specified over some
region, in which case the bounding streamline is calculated.
The boundary-layer analysis is done using integral methods. The
physical model of the separated wake assumes constant pressure
from the separation point (calculated in the boundary-layer
analysis using a shape-factor criterion) to the airfoil trailing
edge and a linear decrease in velocity thereafter to the end

of the recompression zone.

Examples of the results obtained using this method are shown
for the GA(W)-1 airfoil in figures A-7 and A-8. 1In figure A-7
the integrated loads agree well with data, just as was the case
for this airfoil for the CLMAX method (fig. A-2) and the method
of reference 57 (fig. A-5). The detailed pressure distribution
at one of the incidence angles in figure A-7 is shown to agree

very closely with data in figure A-8.

159



The method of reference 60 relaxes the assumption of constant
pressure in the separation region but, like the last method,
attempts to deal explicitly with the coupling of the inviscid
and separated flow regions. In reference 60, this coupling is
accomplished by simultaneously solving a finite-difference
equation for the stream function in the inviscid region and an
integral boundary-layer equation for the viscous layers, which
include the separated flow, in a series of downstream sweeps
through the flow field. 1In each sweep, the solutions are matched
at the surface of the airfoil, and convergence is attained when the
change between sweeps is within an acceptable tolerance. No
explicit modeling is included for the reverse flow in the
separated region, and the entire viscous region is assumed thin.
The method is presumably limited by its formulation to airfoils
with only modest separation, but in one such example where
separation occurred at 85 percent chord, good agreement for
the pressure distribution and integrated 1lift coefficient

was obtained.

In contrast to the methods just discussed where the
idealization inside the inviscid body is not intended to
represent the actual flow in that region, several methods
exist which contain physically realistic models of the
flow region inside the separation streamline, with emphasis
on the recompression zone of the separated flow. Two-
dimensional.methods in this class includes those of refs. 61
and 62. The methods of these authors differ in detail but
are conceptually similar, and they both emphasize the importance
of including simulation of the recompression zone. As previously
stated, this feature of the separated flow is not modeled in
the methods which assume constant-vorticity free wakes or
constant-pressure recirculation bubbles, although references 57
and 59 include the recompression (but do not calculate flow

details in the recompression region). Favorable results have
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been shown for the methods which ignore the recompression, but
these were all cases where the data showed that recompression

was either very small or occurred downstream of the wing. There
are measurements (shown later) which indicate that recompression
sometimes occurs over the airfoil, and in these cases it /ould seem

to be important to model this process.

In the methods where the recompression process is treated
in detail, it is done using a combination of separate zonal models
for the free-shear layers and the backflow and rear stagnation
regions which interact to cause the pressure rise. The separation
streamline which forms a part of the boundary of the equivalent
inviscid body is used in these recompression models. It is
calculated at each iteration step by a mixed-boundary-condition
potential flow procedure, as discussed previously. In the
methods of references 61 and 62, an initial pressure distribu-
tion in the separated region is assumed, the mixed-boundary-
condition potential method is applied resulting in an updated
pressure distribution on the unseparated region and a new
location for the separation streamline, and the separation
streamline is input into the separation model, resulting in an
updated pressure distribution in the separated region. This
process 1is repeated (including application of integral boundary-
layer methods to model the displacement effects in the attached
region and to predict the separation location) until convergence

is achieved.

Pressure distributions calculated using the methods of
references 61 and 62 are compared to data for the GA(W)-1
airfoil at a Reynolds number of 2.9x106 in figure A-9. The
predictions from the two methods are quite similar and good
agreement with the data is illustrated. Notice that again in
this case the recompression process occurs downstream of the

trailing edge of the airfoil. 1In figure A-10(a), however, the
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data indicate that a substantial fraction of the recompression
occurs over the airfoil (a63l—012section at 15° angle of
attack); ironically, the method of reference 62 does not pick
this up in this case - it predicts that the recompression occurs
downstream. The 1ift curve predicted by the method of reference
62 for this 631-012 airfoil is compared to data in figure
A-10(b), where it is shown that the predictions are quite
irregular at high ¢ and do not have the correct trend as o is
increased. A portion of the discrepancy between the
measurements and the predictions is attributed in reference 62
to the fact that the potential method used is a chord-line
singularity representation, instead of a surface-singularity
model. It is unlikely that this is the main difficulty here,

however.
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Figure A-1l.- CLMAX Flow Model. From reference 1l2.
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.— Flow model of reference 53.
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APPENDIX B

CALCULATION PROCEDURE FOR PROGRAM ASYMVL

SYMBOLS
Cx’cy total inplane forces in x and y directions,
respectively
Ky carryover factor, eq. (B-1)
K carryover factor, eq.(B-2)
MSW number of panels on the semispan
NB(W) normal force on the body in the presence of a wing
NW normal force on the wing alone
NW(B) normal force on the wing in the presence of the body
Niotal total normal force, eq. (B-3)
NS normal force from the suction analogy
NCW number of chordwise panels
8] axial component of free-stream velocity
X,y wing-fixed coordinates, fig. B-1

INTRODUCTION

Program ASYMVL is a modified version of program RATFLO
(ref. 63), which is a rational flow model to predict the
nonlinear hydrodynamic characteristics of submersible
vehicles undergoing steady motion. In constructing ASYMVL,
the subroutines from RATFLO which deal with vortex shedding
from and pressure integration on the body were removed, so
that only lifting surface and carryover forces and moments

are calculated in ASYMVL.
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CALCULATION PROCEDURE

The body with its lifting surfaces is broken into
a series of regions, in each of which the calculation is done
allowing for full mutual interference among the lifting surfaces
in that region and the resultant image systems in the fuselage.
Each quadrilateral lifting surface (henceforth called a fin) is
represented by a chordal-plane vortex lattice. The solution is
obtained by calculating the strengths of the lattice
singularities so that at each control point in the lattice, the
resultant velocity normal to the actual mean surface (i.e.,
allowing for camber) is zero. Although the slope of the mean
surface is thus accounted for, this tangency condition is
applied in the plane of the lattice. Nonlinear vortex-lift
effects are included through an application of the Polhamus
suction analogy. ASYMVL is meant to be used in conjunction with
another program, a modified version of VTXCLD (ref. 38), in
which the loads on the nose and the associated shed vorticity is
calculated. The solution in each region of ASYMVL allows for
the existence of external vortices as calculated by this
auxiliary program; furthermore, in aft regions, vorticity shed
by lifting surfaces in forward regions is accounted for in the
calculation. These procedures are discussed further in the

following.

The oncoming flow conditions and fuselage geometry are first
input by the user. The program requires that in each fin
region (wing region or tail region) the fuselage be represented
by a circular cylinder of constant radius. A vortex field at
the region leading edge may be input by cards or through
a local file. (The modified version of VTXCLD writes vortex
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field information to the local file regquired by program ASYMVL.)
The trajectories through the region of these impressed vortices
are parallel to the fuselage center line, i.e., these vortices

are not tracked in a fin region in the current version of the code.

The lifting-surface geometry for the wing region is input.
For a fin with a mirror image on the opposite side of the
vertical plane of symmetry, such as in the case of a wing, the
program requires that geometry information for only the right-
hand side fin be input. Note that tails whose leading edges.lie
ahead of the wing trailing edge should be included in the wing
region. The fin may be at any position or incidence angle on
the body, but an approximate image system in the fuselage for
that fin is constructed as if the fin plane were parallel to the
fuselage center 1line.

The next major procedure in ASYMVL is laying out the
horseshoe vortex panels on the lifting surfaces in the wing
region. Using the horseshoe vortex-lattice method, a lifting
surface is divided into panels, each of which contains a
horseshoe vortex with its bound leg on the quarter chord of
the panel and its trailing legs along the panel edges. The
horseshoe vortices on the lifting surfaces are imaged inside
the body and are used to calculate the 1lift carryover effects.
Vortex panels are laid out in the local coordinate system of
each fin (figure B-1). Panel side edges are required to be
along or emanate from the following locations: (1) the root
chord; (2) the tip chord (including those of zero length); and
(3) points where there are breaks in leading- or trailing-edge
sweep. Panels are formed by dividing the local chord at each

of MSW arbitrarily spaced spanwise stations into NCW (number of
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chordwise panels) equal parts. Corresponding chordwise divisions
of adjacent spanwise stations are connected to form the panels.
As an example, the panel layout on a cropped double-delta fin

with NCW = 4 and MSW = 5 is shown in figure B-1l.

Limitations regarding the panel layout for a given fin and

for a fin region are as follows:
. the maximum number of panels on a fin is 100

. the maximum number of spanwise and chordwise panels
(MSW and NCW, respectively) on a fin is fourteen (14)

for each

. the maximum combined number of panels on all fins

in a given region (wing region or tail region) is 300.

After horseshoe vortex panels are laid out on all fins, the
influence functions are calculated. Mutuval interference exists
for all lifting surfaces in a given region. The horseshoe
vortices used are considered to consist of three parts: a bound
leg and two trailing legs. For purpose of computing the influence
function, the trailing legs extend to infinity in the fin
chordal plane. The influence coefficients are the perturbation
velocity components per unit vortex strength induced at a point
(in this case, each control point) by each horseshoe vortex
component. At each control point, the sum of all influence
coefficients due to all horseshoe vortices and their images is
calculated. The component normal to the actual mean surface
represented by each panel is used in the lifting-surface boundary

condition, which is discussed next.
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The tangency boundary condition (zero net velocity normal
to the mean fin surface) is satisfied at the midspan of the
three-guarter chord of each panel. This boundary condition is
implemented as the sum of the normal components of the
perturbation velocities due to the lattice and its image system,
and the normal components due to the'free—stream velocity, the
externally imposed vortices, and the cross flow around the
fuselage as calculated by a two-dimensional doublet representation.
The resulting system of equations is solved by matrix inversion

to give the strength of each horseshoe vortex.

The loadings acting on the lifting surfaces are now calculated.
The force acting on a vortex filament is given by the Kutta-
Joukowski law. Forces are calculated at each bound leg midpoint
and at the three-gquarter chord position on the side edges of each
horseshoe-vortex panel. Note that in program ASYMVL, the
contributions to the loads from the free-stream, the impressed
vortices and the cross flow around the fuselage are calculated
using the velocities calculated at the panel control point;
however, the velocities due to the horseshoe vortices are

calculated at the actual positions at which forces are determined.

After the individual forces on each panel of a given fin
have been calculated, the span load distribution is calculated.
Additionally, the inplane forces are used in conjunction with a
method to determine an additional nonlinear lift associated with
flow separation along leading and side edges. The basis for the
vortex lift method is the Polhamus leading-edge suction analogy,

which in simple terms states that the vortex lift on a delta
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wing is equal in magnitude to the leading-edge suction on the
wing. This analogy has been extended to streamwise edges of
wings. Furthermore, for delta wings, a procedure to determine
the fraction of leading-edge suction converted to normal force
has been developed from a correlation of experimental data
(ref. 33). This correlition indicates that the fraction of
leading-edge suction (KVZe) converted to normal force can vary
from 0 to 1 depending on geometric parameters. The correlation
is based on equivalent leading-edge sweep angle and is shown as

the solid curve in figure B-2.

The leading-edge suction force is obtained by summing the
inplane forces on the bound legs over the chord at each spanwise

division of the lifting surface. The value of the available
2 2)1/2

leading-edge suction force is given by (CX -+Cy

and Cy are the total inplane forces for a given portion of the

re
, whe Cx

span in the x and y directions, respectively. The leading-edge
suction force is assumed to act at the bound-leqg midpoint of

the panel nearest the leading edge. The total available
leading-edge suction force on the lifting surface is the sum

of the suction distribution over the span. The vortex normal
force due to leading-edge suction is the available suction

force reduced by Kz{e (for planforms other than deltas, Ksﬁe = 1).
The side-edge suction force is obtained by summing spanwise the
inplane forces on the trailing legs of each row of panels,

i.e., the inplane trailing-edge forces on all the i-th chordwise
panels are summed to give the side-edge suction at the i-th
panel at the fin's tip. Note that all forces at a body/wing
intersection are set to zero. Allowance is made to reduce the
suctisn forces by K;se to obtain the total side-edge vortex lift,
but Kvse is usually taken as unity. This l1ift is assumed to

act at the fin side edge at the center of pressure of the
side-edge inplane forces. For lifting surfaces which have

K;Ke < 1, the remainder of the inplane forces not converted to

vortex normal force remain as inplane forces.
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The span load distribution calculation is also used to
obtain the strenths and lateral positions of vortices due to
leading- and side~edge suction. These vortices are included in
the load calculations in aft regions. Calculation of the
separation vortices and their lateral position is described in
reference 33. To arrive at the vertical positions of these
vortices at the end of the current region, they are assumed to
"track" at one-half of the local flow angle obtained from the
free-stream flow conditions. This assumed path is based on
empirical observations. The separation vortex inboard of a
break in leading- edge sweep angle is "tracked" from the axial
location of the body-fin intersection to the trailing edge of
the region. The vortex outboard of the break in sweep, which is
obtained by combining the leading-edge and side-edge vortices,
is "tracked" from the axial position of the break to the

trailing edge.

The trailing-vortex system from the potential lift for each
lifting surface is also available from the loading calculations.
The vortex-lattice method results in a trailing-vortex filament
from each column of the lattice network, which goes to downstream
infinity in the fin chordal plane. The system of trailing
vortices for each lifting surface is thus distributed across
the span, with the vortices originating in the plane of the

lifting surface at the lifting-surface-region trailing edge.

In application of ASYMVL to the GRF, the various vortices were
assumed to remain at constant y and z between the wing and tail
regions because of the short distance involved. If there were
a longer fuselage section, the vortices could have been tracked
using VTXCLD. Furthermore, the technology exists (ref. 33) to
track vortices within a wing or tail region, and this capability

should be added to ASYMVL as discussed in the main text.
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The carryover loads acting on the fuselage in the vicinity

of each lifting surface are calculated.

definitions:

h N

where Y5 () .
of a wing, NW(B) is
of the body, and NW

These normal forces
the Kutta-Joukowski
It follows that (in

Polhamus analogy)

and

In reference 64,

Consider the following

N

B (W)
K, = (B-1)
B NW

N

W(B)
K —_— (B-2)
1 NW

is the normal force on the body in the presence

the normal force on the wing in the presence
is the normal force on the wing alone.

are to be interpreted as calculated using
law including perturbation velocities.

the absence of any normal force from the

Neotal = ¥sw) * Yw(m) (B-3)
*s _ ") (B-4)
K Nu(m)

it has been shown that for a delta wing mounted

on a cylinder at B = 0° KB/KW can be computed according to

184



K

_B
K N
Wlg oo W(B)

normal force on images due to U

(B=5))

where U is the axial component of the free-stream velocity and
NW(B) is calculated using the wing vortex lattice. Extending
this to allow for sideslip in the spirit of slender body
theory, we obtain

7\1'71
= o

_ normal force on images due to U only (B=6)
1

B#0 5 Ny ¢ + N

W (B) )

B)1eft right

where NW(B)left is the lattice-calculated normal force on the
left wing panel, NW(B)right that on the right wing panel,
again including the effects of perturbation velocities.

Then, assuming that the normal force from the Polhamus

analogy Ng is carried over onto the body in the same proportion,

- B -
Total carryover = KW (NW(B) + N_.) (B~7)

with KB/KW calculated from eq. (B-5) for B = 0 and eq. (B-6)
for B # 0.

As for the carryover of the pitching moment, the carryover
of the potential portion is calculated by taking moments on
the image system within the body; with respect to the portion
from the Polhamus analogy, the center of pressure of the

vortex normal force (including both leading- and side-edge
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i

contributions) is computed and the carried over portion

K . . .
=B NS) is assumed to act at the same axial location. It is

(
Kw
assumed that there is no carry over of side force, yawing

moment or rolling moment.

After the total loads on the lifting surfaces and the total
carry over loads are calculated for the wing region, the
above procedure is repeated for the tail region. Finally,
the component loads are summed to result in values for the

complete configuration.
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AX

Figure B-1l.- Panel layout on a double-delta

fin with four chordwise and five

spanwise divisions.
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Figure B-2.- Vortex lift on delta wings in
incompressible flow (from ref.
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